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SYMBOLS

A = aerodynamic reference area
C, = drag coefficient
dc,
@
D/m = drag over mass ratio
& = standard acceleration of gravity at sea level
/== altitude (in ft, uniess otherwise noted)
I'= propellant system specific impulse
1,.. = specific impulse at altitude
I, == sea-level specific impulse
I g0 == total impulse, maximum thrust developed times the effective time of
burning
n, == ratio of vehicle axial acceleration to the standard acceleration of grav-
ity at sea level
n; == ratio of powerplant thrust to initial gross weight
1, =ratio of vehicle normal acceleration to the standard acceleration of
gravity at sea level '
Oy = horizontal overlap ratio for television ground-scanning system
O, = vertical overlap ratio for television ground-scanning system
P, = rocket motor combustion chamber internal pressure
4 == dynamic pressure
R’= local Reynolds number based on an effective temperature T” (see
Ref. 7)
== time (in sec)
#, == time in seconds of powerplant operation
T /m = thrust over mass ratio
V = velocity (ft/sec)
Vao = velocity of satellite relative to ground
W = vehicle gross weight, instantaneous weight
a = aerodynamic angle of attack
& == ratio of rocket motor exit area to throat area
6 = vehicle path angle
v== ratio of initial usable propellant weight to initial gross weight
® == structure to gross weight ratio

= slope of the lift curve







VOLUME i

This volume contains information on the specific design aspects of the Feed
Back device. No attempt has been made here to present a balanced picture.
Only those items on which appreciable work has been done, or which are
unique to the satellite application, are included. In some cases material has
been abstracted from separate research memoranda (listed among the Refer-
ences) and is presented along with briefer discussions of relatively less impor-
tant items.

These data do not always represent the best or even a completely consistent
solution. Extensive use of subcontracted studies, some of which are still in
progress, has made complete, continued integration impossible. In addition,
future research and development effort will disclose new ideas and new
problems requiring study. '

However, the information presented should be of value to other investigators
and should save them the effort of covering the same ground.

Volume II covers three main topics: The Vehicle, Ground Operations, and
Other Satellite Applications.






THE VEHICLE

Pertinent interior design considerations of the vehicle are included in this
section, as well as an evaluation of the effects of such exterior phenomena as
environment and flight mechanics.

VEHICLE DESIGN

In investigating the vehicle characteristics, it was felt desirable to substitute
engineering experience and judgment for many vast parametric investigations.
In all cases, attempts were made to adopt the simplest possible systems and to
use materials and techniques which are representative of the present state of
the art rather than those requiring extensive engineering deveiopment. An
inherent requirement for reliability underlies many of the choices.

Succeeding parts of this section cover details of specific payload components,
environment, flight mechanics, and guidance and control problems.

Payload Packaging Requirements

The general arrangement of basic missile components, such as tanks, main
rocket powerplant, etc., is discussed under “Structure and Weight,” page 9,
and only the various items comprising the payload are discussed here.

In view of the unique packaging requirements of various portions of the
payload, the payload components will be discussed in the following order:
(1) auxiliary powerplant unit, (2) ascent and orbital guidance, (3) tele-
vision camera system, (4) data storage and communications system, and (5)
climatization..

Weight breakdowns for payload components are given in Table 1, and their
relative arrangement is illustrated in Fig. 1.

Auxiliary Powerplant Unit. The auxiliary powerplant, discussed in detail on
page 27, is located in the forward portion of the satellite’s ogive nose section.
The inherent ability of the system to withstand relatively high temperatures
eliminates the necessity for climatization,* and the forward location produces

*Servomotors capable of operating under temperature conditions of 400°F are used for auxiliary
drive power,
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Tabie 1 .
WEIGHT BREAKDOWNS FOR PAYLOAD COMPONENTS®

Total
Weight Weight
Component (lb) (lb)
Auxiliary powerplant
ReaCtor .. .iienvinnnnnncnscacnnnnnas 300
Water pump ... ..oiviiiiii i 2
Radiator ..........c.cciiiiiiiininninnnnn 55
Ducting ......ooiiiiiiii i i, 20 500
Turhine ... ... ...ttt 30
Generator ......oiiiiie it ia i 25
Regulator .........coiiiiiiiiieneannnnns 15
Increase for 1 kw more. .................. 50 |
Controls
Stable platform and yaw gyro.............. 30
ASCEnt COMPULET ... .. iovveroronrannnnns 60
Horizon scanner ................. .. ..., 20 e 280
Acceleration wheels ..................... 120
Control computer ........coccieerennen. 30
Environment
Electronic cooling ....................... 25
Containers ..........coiiiiiiiniininnnnn. £33 ERREREE PR PR 80
Paraffin ..........iiiiiiiiiiiiiin, 20
Television and optical system
Mirrors and lens ........................ 50
Cameramount ............coovvvvinnnnn, 20
Counterbalance ............c.viviiennnnn. 350 270
Camera 1 ... .. ittt 40
Camera 2 ... 40
Common control ................0iun... 85
Recording system
Mechanical components .................. 80
Counterbalance ......................... 0f 205
LT . 90
Programmer .................ccvviunnn.. 15
Transmitting and receiving system
Transmitter and modulator ............... 53
Receiver .........coiiiiiiinnniinnnncnn. 30
ABIEONS ... ..iiiiiiiiieenatitaneeeaes 30 ) 140
Antenns control ............iiiinenn.... -7 IR
Antenna counterbalsnce .................. 13
Switchgesr ........cciiiiiineiannnnn vees 3
ToraL ...civnnnnnnnn... tesesscanannae B 2 Y 4]

*Exclusive of hydraulics and electrical motivating equipment.
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Fig. 1—Schematic of Orbiting Vehicle

a desirable isolation of the nuclear powerplant from the electronic equipment.
As mentioned elsewhere in this report, heat rejection from the powerplant is
obtained through external radiation. The proposed configuration is such that
the radiator is located in the outer skin of the fuel and oxidizer tank section*
(see Fig. 1). The various heat quantities to be dissipated from the vehicle and
the corresponding radiator sizes are summarized in-Table 2, below.

Table 2
SUMMARY OF HEAT DISSIPATIONS AND RADIATOR
CHARACTERISTICS
Radiator Radiator

Temperature | Heat Rate Area

Heat Source System (*F) (kw) i)
Powerplant Mercury 627 74 133
Powerplant ‘Water (moderator) 300* -4 30
Electronic equipment| Water (cooling) 90 2 36

*68 psia.

Ascent and Orbital Guidance. The major components of the ascent and
orbital guidance system include a stable platform, ascent computer, orbital
computer, horizon scanner, and acceleration wheels. Acceleration wheels per se
have no climatization or shielding requirements and are located just aft of the

*The remaining portion of the vehicle's skin- aft of the fuel tank is jettisoned during booster
separation.



auxiliary powerplant and immediately forward of the oxidizer tank. The hori-
zon scanner, operating through 360 deg in azimuth at a depression angle of
22 deg, requires vertical stabilization. Since the ascent guidance also requires a
stable platform, a single unit common to both systems is used. This platform,
along with the horizon scanner, is located in the bottom portion of the satellite
vehiclc, just aft of the fuel tank, thus providing the unobstructed view necessary
for the scanner after the stage separation has occurred. Both of the computers,
requiring climatization, are mounted to the port side of the aft bulkhead in
the computer box, as shown in Fig. L.

Television Camera System. Television equipment can be divided into two
major groups: (1) the optical unit comprised of the mirror drum with the
related lens, mirrors, etc., and (2) the camera unit consisting of Image Orthicon
tubes and associated camera control units (see "Television Payload Equipment,”
page 38). The mirror drum dictates the arrangement of the optical system and
the Image Orthicon tubes, since it requires an unobstructed view normal to the
longitudinal axis of the missile on the earth side. A good choice is to mount the
mirror drum aft of the stable platform and horizon scanner, along with the
remainder of the optical system and the Image Orthicon tubes. Camera control
units for the Image Orthicons are completely enclosed and are attached to the
starboard side of the aft bulkhead.

Data-storage and Communications System. Climatization is needed for the
data-storage mechanism (see “Television Payload Equipment,” page 38),
including both the electronic equipment and the magnetic film. Volume
requirements are small, and the entire unit can readily be accommodated in the
aft portion of the vehicle, above the main powerplant accessory and turbopump
compartment.

Communication equipment consists of the programmer, transmitter and
modulator, command receiver, switchgear, and antenna unit. The total volume
required for the communication components (excluding the antenna unit)
permits the system to be located above the rocket powerplant, along with the
data-storage unit. Again the entire unit is climatized.

The antenna unit requires about 8.2 ft to perform the required antenna
movement. To provide in unobstructed view of the earth, and at the same time
to provide ample volume, the antenna unit is mounted below the aft portion of
the main rocket motor, as seen in Fig. 1.

Climatization. In the payload arrangement, the climatization system, dis-
cussed on page 23, requires little or no special consideration other than the

6



location of the radiator surfaces required for heat rejection from the water
coolant. It appears that two radiating surfaces, approximately 4 by 7 ft each,
are required (see Tablé 2). These may be located on the port and starboard
side of the main rocket motor and are exposed following the booster separation.

Propulsion

The selection of a propulsion system for a satellite in the time period con-
sidered here is based on the following factors: performance reproducibility,
system reliability, and powerplant availability. Contrary to experience with
normal missiles, such items as propellant cost, handling characteristics, and
production potential are reduced to minor importance, since only a small
number of vehicles is needed. Because several contemporary propulsion systems
may satisfy satellite performance requirements, the performance reproduci-
bility and system reliability become more important than powerplant availability
in making a choice of systems. Further, as noted under “Program Consider-
ations™ in Vol. I, the development schedule for a satellite is a direct function of
powerplant availability; therefore, emphasis is placed upon selecting a system
which is based, to a large extent, on present-day techniques.

A survey of available rocket motors shows that the gasoline and liquid-
oxygen combination is to be preferred from the standpoint of combining ade-
quate performance with most of the desirable characteristics mentioned. A
chamber pressure of 600 psia is assumed for both stages, together with an
oxidizer-to-fuel-weight ratio of 2.27""* and nozzle-exit-area ratios of 10 and 20
for the initial and final stages, respectively. The variation of specific impulse
with altitude is noted in Fig. 2. The complete expansion value of sea-level
impulse is 274 sec for 600-psia chamber pressure and optimum mixture ratio.

Booster Propulsion Considerations. The satellite has 2 sea-level booster-
take-off thrust requirement of 284,660 1b. The total system consists of two large
fixed units having 120,000 Ib of thrust per motor and two gimbaled units hav-
ing 22,330 Ib of thrust per motor. All four units are regeneratively cooled with
gasoline. While a single motor capable of fulfilling the take-off thrust require-
ments can be developed, such a unit is not considered here because a unit
resulting from such a change in the state of the art will not be available, with
sufficient reliability and reproducibility, within either the time period or costs
considered. In addition, studies by several agencies, including RAND, have indi-
cated a decrease in the thrust weight ratio for extremely large motors.

*For references, see p. 111,
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Propellant feeding is achieved through the use of a turbopump system, the
turbine being driven by a gas generator using the main propellants as an
energy source.

Tank pressurization is maintained at 40 psi gauge for structural integrity.
This internal pressure, combined with the additional pressure resulting from
the vehicle dynamics, results in a pump inlet head which is considerably larger
than that required to prevent pump cavitation under normal operating condi-
tions. Initial pressurization is obtained by means of inert gas and pressurization
during flight and is maintained by means of propellant evaporation in a
heat exchanger.

Satellite-stage Propulsion Considerations. In over-all characteristics, the
main propulsion unit of the satellite stage is quite similar to the booster system.
Because the thrust requirements are considerably less, a single motor unit having
a 36,000-1b thrust is used. Although the final-stage propulsion system includes
four vemnier propulsion units, jet vanes are used for control during primary
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burning. While the use of these jet vanes results in a slight increase in weight,
they are felt to be desirable because the problems associated with restarting the
vernier motors after the coasting period are avoided. (Attitude during coasting
is maintained by the flywheels mentioned on page 132 of Vol. I.)

The burning time for the satellite stage is several minutes long; therefore
new techniques will have to be developed to ensure adequate vane life. Some
basic work has already been accomplished in this direction,® and additional
effort should be devoted to include the feasibility of cooled jet vanes.

Although the vehicle is essentially horizontal during the satellite stage of
burning, the axial load factor and the propellant level are combined in such a
manner that positive flow to the pumps will be maintained during powered
flight.

Following the coasting period, an additional increment of velocity is required
to meet final orbital conditions. Because of the difficulty of restarting the main
propulsion motor for this purpose, four vernier motors are used. Separate high-
pressure propellant tanks are provided, and flow is maintained with a high-
pressure gas operating against a separating diaphragm to ensure positive liquid
flow. The propellant surface cannot be pressurized directly owing to inter-
mixing of the gas and propellant during the gravitationless coasting period.

The ammonia-fluorine propellant combination was tested at North American
Aviation, Inc. A 3000-1b-thrust unit was used, but pressure was obtained from
tank pressurization and no pumps were employed in the system. The possibility
that a self-contained rocket motor of ten times this thrust will be available for
use on Feed Back is ever present. If this motor were used for the second stage
only, the over-all vehicle weight would be reduced 45 per cent.

Structure and Weight

Probably the two most important design parameters for a rocket vehicle are
the payload weight and the v value—i.e., the ratio of initial usable propellant
weight to initial gross weight—given by the flight trajectory. With these para-
meters determined, it is possible to optimize vehicle weight with respect to
many of the basic structural parameters. The value of v required for a gasoline—
liquid-oxygen propellant system has previously been determined to be 0.801
(see “Flight Mechanics,” page 68). Thus, eight-tenths of the vehicle gross
weight consists of the propellant consumed by the rocket motors. The design v
of the vehicle is estimated to be 2.5 per cent greater than the value of 0.801
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required by the trajectory, because (1) it is not possible to use all the propellant
aboard—owing to evaporation and to ullage and outage of the tanks, lines, and
pumps; (2) some of the propellant is used as turbine fuel; and (3) oils and
lubricants are required in the propulsion system.

Figire 3 depicts the ascent portion of flight as a function of range covered
on the earth. The principal flight trajectory phases involved are the power-on
booster phase, the satellite’s second-stage burning, a coasting portion, and the
final acceleration, with vernier control, to attain the desired orbital conditions.

e ——

ot
“ °\\\‘W \
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Booster

phase burning phese
65n ,{ 410 nmi

N\

S ot \/A
>\\(>mmo/ K Vernier motors

main motor ; accelerstion
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@ Booster separation: ; .
7 S-10nmi

V=1t,525 t1/sec, »*153,000 tt
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V126,700 ft/sac »+ 350,000 ft

\ Begi g of ation : .
\ Ve 24 530 t1/sac, 22300 stat mi

\ (@ orvital conditions:

\ V= 25,030 #/sec,A*300 stat mi/

Fig. 3—Schematic of satellite’s ascent trajectory for a 7500-mi ascent range

Further details of the primary power-on (precoasting) portion of the flight
trajectory are shown in Fig. 4. The axial load factor—the ratio of vehicle accel-
eration to the standard .acceleration of gravity at sea level—resulting from the
above trajectory is shown as a function of flight time in Fig. 5. An initial load
factor, n,, of 1.60, defined as the ratio of powerplant thrust to initial gross
weight, has been determined in previous RAND work as being nearly optimum
for the two-stage configuration chosen. An increase in the axial load factor
with time of burning results primarily from the linear decrease in vehicle mass
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as the propellants are consumed. Also, because the axial load factor is a func-
tion of the specific impulse, I, of the propellant system, and because the specific
impulse increases with altitude in the manner shown in Fig. 2, the final maxi-
mum load factor may be written as

ni X Ilin;l
Ilni!ill
1—v

where the ratio of the final to initial specific impulse is approximately 1.13.
This results in the development of approximately 9¢'s at rocket motor burnout.
The axial compressive load experienced by the vehicle's primary structure owing
to the above load factors is shown in Fig. 6 for the launching condition and at
booster motor burnout. The vehicle flight path is a ballistic zero-lift turn into
the desired 300-mi-altitude orbit. Launching is accomplished with the rocket
in a vertical position, and the initiation of the gravity turn occurs a few seconds
after rocket motor ignition. Because it is necessary to maintain the alignment
of the vehicle’s longitudinal axis tangent to the flight path, rocket motor control
“forces are exerted during boost to change the vehicle's attitude. In attaining
the correct vehicle flight path by initial programming, aerodynamic loading
occurs which introduces normal acceleration loads to the vehicle. In addition
to the above-mentioned loads, an encounter with a sharp-edged gust will intro-
duce sudden increases in lift, resulting in normal acceleration loads to the
structure. Both of these normal acceleration forces are, of course, a function of
(1) the dynamic pressures encountered by the vehicle, ¢; (2) the slope of the
lift curve, 4C, /da; and (3) the ratio of the aerodynamic reference area to the
instantaneous weight, A/W. The gust load factor is the product of the above
parameters multiplied by the ratio of the gust velocity to the vehicle velocity.
For the case of aerodynamic loads due to the control forces, the product of ¢,
dC,/da, and A/W must be multiplied by the vehicle angle of attack a. Fig-
ure 7 shows the variation of 4C,/da with the Mach number for the satellite
vehicle’s configuration; the normal load factor due to a 60 ft/sec gust is shown
in Fig. 8. This figure also shows the normal load factor experienced by the
vehicle as a result of the aerodynamic forces which occur through the develop-
ment of a 5-deg angle of attack.
Aerothermodynamic heating will cause rather high skin temperatures during
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the powered flight, as shown in Fig. 14 on page 23, and the structure must be
designed to resist the compressive loading at the reduced allowable stresses in
the material associated with these temperatures. Inasmuch as it is not possible
to predict with absolute certainty the boundary-layer transition during vehicle
flight, the design skin temperatures for the stations where doubt exists are
taken to be the temperatures reached when the boundary layer remains turbu-
lent. (The temperatures will be lower under laminar conditions.) However,
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owing to uncertainties in data, a possibility exists that temperatures higher than
those we have used will be reached.

Primarily because of the high skin temperatures encountered in the satellite
stage (see Fig. 14) during the ascent, and, secondarily, because of the heat dis-
sipation requirements of the satellite’s reactor radiator, load-carrying propellant
tanks, housed in a nonstructural minimum-gauge steel fairing are used in the
satellite stage. A similar arrangement is used in the booster stage. It can be
shown that the use of integral booster tanks results in only a slight (5 per
cent)® over-all vehicle weight penalty. However, the possibility that higher-
than-predicted skin temperatures will be encountered makes it desirable to
incorporate insulation, which can be obtained by using a nonstructural covering
over the tank section. Obvious advantages of such an arrangement are that
propellant evaporation is reduced and that accessibility to wiring, hydraulic
lines, and the reactor radiator in the satellite is facilitated. Furthermore, the use
of unheated nonintegral propellant tanks as primary load-carrying members
permits the full use of room-temperature material-strength properties.

Maximum compressive loading for the interstage support structure is seen
from Fig. 6 to occur just prior to stage separation. Skin temperatures for this
portion of the vehicle are represented in Fig. 14 as the curve for the booster.
At stage separation the temperature reaches its peak value of 1160°F.

Structural Design. As stated in Ref. 3, the over-all vehicle configuration is
an ogive<cylinder-boattail combination, with an attachment between the two
stages at the aft end of the second-stagc propellant tanks. A structural covering
over the second-stage powerplant compartment serves to transmit the axial
acceleration loads during boost; it is integral with the booster and is carried
away at the staging separation. Principal dimensions of the vehicle are shown
in Fig. 10 on page 20. |

A conventional semimonocoque construction is employed throughout both
the satellite and the booster. All propellant tanks are fabricated of 75S-T alumi-
num sheet and are internally stiffened. The exterior covering of the vehicle is
constructed of a %-hard 18-8 stainless steel sheet stiffened by 75S-T aluminum
frames and stringers. To reduce the heat transfer, a thin insulating material is
required between the external skin and the stiffening elements prior to riveting
the assembly. An exception to this procedure is found in the load-carrying fair-
ing between stages, which is stiffened with steel frames and stringers. The
satellite nose-cap temperature requires the use of a material such as Hastelloy C
metal, and all motor mounts and related fittings are of SAE 4130 steel.
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The manner of determining the vehicle's size and weight remains essentially
as reported in Ref. 4. Pressurized internal tanks to transmit primary bending
and compression loads, as previously noted, permit the full use of aluminum-
alloy room-temperature material-strength properties. Considerable structural
reinforcement is required at the tank ends in both the satellite and the booster
stages because of bending moments imposed by the nonhemispherical tank ends
and also because of the discontinuity of the load path at the junction of the
tanks and the fairing between stages. The tanks are pressurized to 40-psi gauge,
which provides ample margin over that required to resist the axial compression
and bending loads experienced by the vehicle. To ensure structural integrity of
the tank section, the design pressure is taken to be 15 per cent greater than the
combined internal gas pressure and the acceleration head of the propellant.
Design internal pressures of the vehicle’s booster tanks, together with the pres-
sure required structurally to resist the axial compressive loads, are shown in
Fig. 9.

Weight allowance is made for nonoptimum sheet-thickness gauges, access
doors, inspection openings, local reinforcements, joint efficiencies, and material
physical-strength reduction resulting from welding. The amount of secondary
structure- necessary for the attachment of component items, such as brackets,
gussets, fittings, supports, etc., is approximated, consideration being given to
the proximity of the component items to the primary structure.

Table 3 presents a weight summary for the 1500-Ib-payload satellite vehicle
using gasoline-liquid-oxygen propellants. The gross weight of the vehicle at
launching is seen to be 177,905 Ib and the dry weight to be 13,360 lb. The
satellite at stage separation has a gross weight of 22,520 Ib and an orbiting
weight of 4480 Ib. Figure 10 is a sketch of the vehicle configuration and in-
cludes a table of the various weights by vehicle components.

To check these weights, component weights of the satellite vehicle are com-
pared with those of existing or proposed rocket missiles. One way to do this is
to examine rocket performance parameters. As discussed under “Propulsion,”
above, the rocket-motor propulsion package weight is in keeping with the pres-
ent rocket-motor performance and trends and appears to be quite realistic.

The booster propulsion package consists of two fixed 120,000-lb-thrust
rocket motors with two gimbaled 22,330-lb-thrust rocket motors. Figure 11,
a plot of rocket motor thrust-to-weight ratio as a function of the thrust devel-
oped for existing liquid-rocket motor designs,' indicates the weight of the
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above four rocket motors to be 1150 Ib. The remaining weight of the total pro-
pulsion system, for the same liquid-rocket propulsion packages used in the
curve in Fig. 11, is shown in Fig. 12 as a function of the following parameter:
propellant flow rate X (time of burning)*.

The weight of the booster propulsion system of the satellite (minus rocket
motor) is approximately 3650 Ib. Thus these curves, representing present-day
trends, indicate that the total weight of the propulsion system is 4800 1b.
Table 3 shows that the booster's total propulsion package (exclusive of gimbal
mounts, attachments, and thrust mounts) weighs 4435 lb. The weight reduc-
tion represented here is that which is likely to result from future design im-
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Table 3 '
WEIGHT BREAKDOWN OF THE SATELLITE VEHICLE

(In pounds)
SATELLITE STAGE
Payload .....c..cciiiiiiiiii it S Ceeeiceceaseannane 1,475
Ascent guidance and attitude controls ..............cieeeennnnn oo 280
Television a0d OPHES .. .uvvuieeeienueeeieereneenesenaensnennns 270
Recording equipment .......c.vuininuniiiiiiiniiiiii i, 205
Transmitting and LECRIVIOG .. ..o ovnrnieniaeene e einrnnianennns 140
AuXiliary POWEL SOUICE .. .uvveenernanernreneernnrnnereneennans 500
Environment control system ...........ccvnnnn... e titsecaenanen 80
Fixed eqUIPMENt ... coiitoitiiniitneneneerareenneaenenenaneenenansoaeoanrenen 225
Electrical and electromechanical system ............oovnininnnnnnn. 125
Hydraulic spstem .. .....ce.euinieeieeereeeeneseanneenanenennnes ‘100
SBTUCTUIE ...ttt ittt et reaeraranenan teeterieaiae 835
NOSE G ..ottt ittt ittt i Ceeeeeaeaaes 10
Sta. 14.3 10 52 90 .ttt i e i e, 115
Extermal skin .........coiiiiiiiiiiii i, 80
Stiffening elements ............... ... ........... 35
Propellant tanks ......coiiiiiiii ittt 345
Oxygen tank walls .................c0ovvnnuunnn. 70
Oxygen tank ends .........oivuteninnnnnnnnnnnnn. 37
Oxygen tank stiffening elements .................... 65
Gasoline tank walls ..............oiiinnnnnnn... 33
Gasoline tank end ...................o.oiuiuiinn. 27
Gasoline tank stiffening elements ................... 53
Tank skirts ..... ... . .. 60
18 | 305
Sta. 90 to Sta. 215 external skin .................... 225
Stiffening elements ............................... 80
Secondary SEUCTUIE ...... ...t e 30
Insulation ... .. 30
Propulsion SYStem . ....iuitiiiii et e e 1,495
Rocket motor powerplant .............oeoiuueeiuirnanainnn, . 200
Propulsion accessories ... .........ieuiieie e 755
Electrical and pneumatic system .............uiiniiniinriennnnn.n, 85
Jet vanes e 90
Vernier motors ................ Geeseeseesereaseccanane Ceesssras 40
Vemier motors accessories and system ................0ueenrann.... 175
Motor mounts and attachments ...............00veneneninnnnnnnn.. 150
Total propellant and oils ....... ceesrertanennn tececacannn ceeeen et etsesancaane . 18,490
Nonusable propeliant oils and iubricants ....... ceceesentsenenn seene 4350
Usable propellants ........ S e e teeeenecnctaatestenonaanaananoaann 18,040
Liquid oxygen ............. tesectstetontcnnanan .o 12,325
Gasoline ........ Gaeeateetartnccatcennaetansaanas 5,315
TorAL WEeiGHT Ceeeteeceeeiit e caeanaenass Cecesinniancenreronnas cecaaene 22,520
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Table 3—continved

BOOSTER STAGE

Payload (satellite stage) ...................... R 22,520
Structure ... Ceeieietiatteeneaas 3,710
Booster-satellite fairing ............ ... ... ... i 545 -
External skin ..........oiiii 260
Stiffening elements ........ ... ... ... .. i, 210
Stage-separation structure .......................... 75
Propellant tanks ............oooiiiii i 1,440
Oxygen tank walls ....................0c0oooo. .. 425
Oxygen tank ends ...................0c00ueini .. 105
Oxygen tank stiffening elements .................... 210
Gasoline tank walls ............................... 270
Gasoline tank end ............................ ... 60
Gasoline tank stiffening elements ........_.......... 130
Forward tank skirt ............................... 35
Forward tank skirt stiffening elements ............... 15
L T 60
Aft tank skirt stiffening elements ................... 30
Internal piping, ducts, and baffles ................... 100
Tank section COVETIOR .....uvviuniinne e 1,195
External skin ................... ... ... ... 935
Stiffening elements and attachments ................. 260
Powerpiant COMPAIMENt COVELINE .. ......ovnvreernnnnnnnnnnnns . 375
External skin ................ ... .. 255
Stiffening elements and attachments ............... .. 120
Secondary Structure ............... ..o 80
Insulation ....... ... . 75
Propulsion system ............... ... .. ... e iiaecteaaa 5,095
Rocket motor powesplants ........................ ... ...~ 1,085
Propulsion accessories .................... ... ... 3,070
Electrical and paeumatic B L T 280
Gimbal mounts ... 60
Motor-thrust mounts and attachments ............................. 600
Fixed equipment .......................... .. ... @ttt eteett ettty . 523
Electrical and electromechanical L) £ -« 123
Hydraulic system .....................oo : 250
Stage-separation mechanism .............oooiiiiii 150
Total propellant and oils ........".........oooiiii 146,055
Nonusable propellant, oils, and lubricants ........................... 3,555
Usable propellants ..................c.ococ it 142,500
Liquid oxygen ................... creren. ceeseaaas 98,925
Gasoline ...t 43,575
TorAL LAUNCHING WEIGHT ..... tetereiiereeanaa teeteitnerstisacnesenanann ee. 177,905
TorAL DrY WEIGHT ....... Ceterntonnenens Ceeteetteeitinneineess cesevaes veee. 13,360

19



174

T T T T T 7
Liquid-onygen |Gaso-| Main powerplant, Liquid-onygen lank Gasoline fank
tonk fina | television ond (constant 9-11 diameler section ) { 9-11 di )
lonk | oplical, recording,
fronsmifting and
receiving systems,
ascen! guidance
syslem, ond en-
vironment control
sysiem comporiment
Sta 83 ins 2095 343 629 830 )
| S
S »
5 100
\ 104 . — O " -] 98
7 / o —
ond ollitude| [~inlersiage siructure Powerplant comportment |-—
conl.vol 624 (conicol frustrum {conical frustrum fairing)
systom foiring)
comport- ‘\W\i awing
3 mant
Ste. O 14 8 285 240 H 360 820 970
|Booster plus sotellite stage Satellile stage
. isti
Vehicle choractaristics ol Emply Fol Emply
weight (Ib) 177,900 35400 22,520 4460
Primary siructure weight (Ib) 2485 620
Covaring ond secondory structure weight {Ib) 1,780 338
C G location, station number 524 381 168 207
Moss moment of inertia, pitch ond yaw (siug 12) | 1447 102 675,558 12,320 6,186
Moss momant of inertia, roll {slug f12) 49,405 7.805 3,393 495 Allowobie
Thrust developed (Ib) 284,660" 36,030 gimbol
Propellanl flow rate (Ib/sec) 1,140 122
Molor exit orea 1o throa! areo ratio 10 20
Combusti hamber p ¢ (psio) 600 600 -
Propellont system 0,1 CH,, 0, CH,, Scale intr End view
Specilic impulse (sec) 2n4g' 299

* Sea level stotic.

t integrated time overoge value

Fig. 10—Schematic of satellite

0 24 6 8 DO

vehicle




1000 I T
: : ;
| 1 i L
° ! 1 ' !
3 | | =
z P l o’
3 . i
H | ‘
% } t %
g 100
~ - +
L] 1 Trond of current rocke! motol
2 —— ‘
3 ™ el i i |
o
2 N |
LI ,
100 1000 - 10000 100,000 1,000,000

Motor thrust (1)

Fig. 11—Lliquid-rocket motor thrust/weight ratio vs motor-thrust

18,000

AN

Trend of current propuision systems

Propulsion sysiem (less rochel molor) weight (ib)

|| P

10 00 1,000 10,000
,Propeiiont fiow rate X (burning time)%

Fig. 12—liquid-rocket propuision system (less rocket motor) weight as a function
of propeliant flow rate times ()%

21



provements. Similarly, pmpulsic;n package weight items in the satellite stage
will weigh 1100 lb according to the present-day trend shown in Figs. 11 and 12,
but, from Table 3, these items will total 1040 Ib for a future design.

A second performance parameter which may be examined is vehicle empty
weight as related to rocket motor total impulse. Total impulse (defined as the
maximum thrust developed times the effective time of burning) is an indica-
tion of the vehicle's velocity potential, and the empty weight is a measure of
the efficiency of producing the total impulse. Empty weight here is defined as
comprising the weights of all items, except propellant, contributing to packag-
ing and production of vehicle thrust. This includes the tank, fairing, and motor-
mount structure, propellant system, rocket powerplant, controls, trapped and
evaporated propellants, and all oils and lubricants. Figure 13 presents a plot of
the total impulse of several current and proposed rocket missiles as a function
of the empty weight of a missile performing the boosting function.** The com-
ponents of the satellite booster empty weight, plotted as a function of the
booster total impulse, are shown to be in close agreement with the trend estab-
lished by the curve. The second-stage satellite, when considered as a boosting
stage, may also be seen to give good correlation with the trend curve.
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Climatization

Skin Temperatures during Ascent. An increase in the skin temperature
occurs during ascent through the atmosphere because of aerodynamic heating,
Le., conversion of kinetic energy to thermal energy in the inner regions of the
boundary layer. These high temperatures dictated the choice of the booster
double-skin construction described under “Structural Design,” above.

The skin temperature as a function of time, as computed by the methods
given in Ref. 6, is shown in Figs. 14 and 15 for various stations on the satellite
and booster. In the case of the satellite nose projecting ahead of the radiator,
the skin thickness was adjusted (temperature-strength considerations) so that
the stresses were reasonable. Note that the temperature of the auxiliary power-
plant radiator remains essentially constant. This was accomplished by adjusting
the LOX tank insulation thickness so that the heat absorbed by the LOX and
lost by radiation was balanced by the aerodynamic heating and the heat given
up by the radiator fluid. The outer skin of the booster stage will rise appreciably
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Fig. 14—Skin temperature of a satellite during powered flight—1500-lb payioad,
300-mi-altitude orbit

23



700 T T 1
infinite insulation on LOX tank
o ———— ‘
. |
Insulation equivolent 1o 0.05in. glass wooi on LOX lonk
600
I
<
e
2 s00
-]
H
-3
E
2
5 %00
3
°
z
No insulotion on LOX tank
300 T——
oy paaae E——
[ 80 " 100 180 200
200 L L 1 L 1
o] S0 100 [1-1¢] 200 . 250 300 50
Time (sec) -

Fig. 15—Variation of average radiator temperature during powered flight—
0.020-in. steel skin

in temperature, but this skin supports only the local aerodynamic loads, so that
the temperatures shown can be tolerated.

Because of the uncertainty of the criteria for boundary-layer transition,‘®’
some of the skin temperatures are shown both for an essentially all-turbulent
condition and for transition to a laminar boundary layer as indicated by the
transition criteria adopted for previous RAND studies.” At present it is not
possible to predict with confidence the conditions for boundary-layer transi-
tion, although the theories of laminar boundary-layer stability indicate that
there are certain ranges of Mach number and surface temperature where the
boundary layer is stable. According to this criterion, the boundary layer over
the satellite and booster may be turbulent (i.e., unstable) during the entire time
When convective aerodynamic heating is appreciable, except over the radiator
section, which (because of its lower temperature due to internal heat transfer) is
predicted to have a laminar (stable) boundary layer above a 50,000-ft altitude.

Cooling of Electrical Equipment. For the proper operation of the electrical
equipment in the satellite, temperature control must be provided during both
the ascent and the orbiting phases. The control selected (shown schematically in
Fig. 1 on page 5) consists of a water-circulating system to carry the heat from
the points of heat generation to radiators on the outer periphery of the vehicle.
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The heat to be dissipated is about equal to the electrical output of the power-
plant, i.e., 2 kw. Two radiators, each 4 ft by 7 ft, are sufficient to dissipate this
heat (see Table 2). .

No attempt has been made to make detailed designs of the cooling of each
individual component. However, a suitable -conduction or radiation path must

- be provided for the transfer of heat from the heat sources in the component to
the cooling coil or cooling jacket provided for that component. A variety of
such designs has been given by Robinson.'*’

Radiators for the cooling system are located on either side of the motor, on
the periphery of the vehicle. They lie under the forward skin of the booster
stage and will be exposed at the time of separation. The cooling system has
sufficient thermal capacity to absorb the heat generated by the electrical equip-
ment before the time of stage separation.

Skin-temperature Variation in Orbit. At the orbiting altitude of 300 mi, the
atmosphere is so tenuous that the skin temperature is determined solely by
radiative heat transfer. Atoms and ions of nitrogen, oxygen, hydrogen, and
helium are the particles to be found in the atmosphere at this height. Even
if chemical association of the atoms during adsorption occurs, the heat gen-
erated is small compared with the heat transferred by radiation. The only prob-
able effect of the “air” at the 300-mi altitude is a reduction of the metallic
oxide on the surface of the satellite skin caused by the atomic and ionic hydro-
gen and nitrogen. Since the thermal emissivity and absorptivity of a metal is
very sensitive to surface condition, this effect will be important to the surface
temperature. No attempt will be made here to predict what the net result of
the rarefied atmosphere on the surface will be; however, orbit temperatures
have been estimated for both oxidized and unoxidized metal skin.

If the surface radiation characteristics (absorptivity and emissivity) are
known as a function of the radiation wavelength, the temperature variation of
a given surface element on the vehicle may be readily computed by methods
presented elsewhere. !

Figure 16 shows, for one revolution around the earth, the variation in surface
temperatures on the top, bottom, and side of a vehicle having a 0.020-in.
stainless steel skin in both a “clean” and an oxidized condition. For both sur-
face conditions, an appreciable temperature variation occurs as the satellite
passes over “day” and “night” on the earth. The largest variation occurs for
the “space” side of the vehicle, since it is exposed to the greatest variation in
conditions. In the case of an oxidized surface, the average (positionwise) skin
temperature cycles around a temperature of about 66°F. Internal components
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will cyclg about a slightly higher temperature (assuming their own heat genera-
tion is removed by the cooling systgms), but with a reduced amplitude. Thus a
tolerable temperature level is provided—if the skin can be kept in the oxidized
condition. The mean temperature of the unoxidized skin, for instance, is about
250°F. Such a temperature will prevent the operation of most of the electronic
equipment and will require a much larger powerplant radiator. However, this
condition can be greatly alleviated by deliberate sandblasting, coloring, the
electrodepositing of nickel black, etc. The importance of further investigation
of the effects of the dissociated and ionized atmosphere on a metal surface
1s indicated. .

Diffusion of Gases through Metal Walls. Because of the extremely low
ambient pressure during orbiting conditions, diffusion of gases through the
walls of any pressurized component must be considered. Table 4 indicates the
diffusion rate in several gas-solid systems for a 1-atm-pressure difference across
2 0.020-in. wall. It is apparent that at normal temperatures the diffusion rate is
extremely small, and therefore no difficulty should be expected (from diffu-
sion) in order to maintain pressurization of, say, a piece of electronic equip-
ment. However, at higher temperatures, particularly where hydrogen is used
(e.g-, in an auxiliary powerplant), the. diffusion rate is quite appreciable. Pro-
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vision must be made, therefore, to reduce the diffusion of hydrogen through
the walls of its containing tubes. One possibility appears to be the use of a glass
or ceramic coating. As Table 4 indicates, the diffusion rate through glass is
about three orders of magnitude lower than that through metal in the higher
temperature range. A further possibility would be the use of 2 hydrogen storage

tank to replenish the hydrogen lost by diffusion.

Table 4

Diffusion Rate: lb/yr (ft?)

DIFFUSION OF GASES THROUGH METAL WALLS

System 80°F 440°F 800°F 1340°F
H,-Al 5.07X 1078 | 444X 10 | 322X 10 | 2.68
H,-Mo 5.57 X 1032 4.33 X 10~ 1.46 X 103 0.114
H,-Ni STIX 10T | 464X 10 | 0.222 3.94

H,-Pe 5.19 X 10-8 3.32 X 102 0.519 4.13

N,-Fe 8.87 X 10~ 7.71 X 10°7 7.22 X 10~ 0.125
CO-Fe 1.58 X 1010 4.135 X 10-% 8.88 X 10-3 0.490
H,-Sio, 1.20 X 10~7 3.88 X 10~ 4.66 X 10~ 2.99 X 103

Another factor which should not be overlooked is the embrittlement of steel
by hydrogen at high temperatures.

AUXILIARY POWERPLANT

An appreciable amount of electrical power is needed to run the satellite’s
television system and other control systems. If this were to be supplied con-
tinuously for a year's time, the total energy requirement would be far greater
than could be supplied by conventional means.* (A discussion of this point may
be found in Ref. 4.) The estimated power requirements necessary to maintain
the television system and the attitude controls are listed in Table 5.

The energy required may be supplied by a nuclear reactor,t which yields an
energy output in the form of heat. However, the conversion of the heat into
electricity requires a powerplant. '

If the working fluid of the powerplant is heated by the reactor, expanded
through a turbogenerator unit, and exhausted to the atmosphere, an open-cycle

*To supply 2 kw-yr of energy by chemical means would require of the order of 100 tons of fuel.
t+Another long-duration heat source. is solar’ energy. However, the complication of collecting this
energy plus the lack of sufficient vehicle area casts doubts upon the applicability of such a source.
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Table 5
ESTIMATED ELECTRICAL POWER REQUIREMENTS

Television System Watts
Optical scanning SYSteM .. ..cccvvuesnocosnsssssssscessans 80
Television cameras (two Image Orthicons) ......cccvcvevenes 600
Modulator transmitter (less output tube) .............00e.. 90
Klystron output tubes .. ......ccoivruiienieansossecennonss 400
Magnetic-tape mOtor drives ...........cccieronreanasaaons 150°
RecOrding .. ...oiniiiiiiitreunuinisesnnsnssoaassnansans 350
Tracking receiver and antenna controls .......ovvvvvennnnnnn 140

Astitude Controls
Flywheels and servos .......ccviinniiiiiiiiiinaneaanas 100
Sensing SYStEM ......ccoccrscnerciarrasracssoacanoraran 30
COMMPULET ... iviieneaanntcsosascncsassonsonasaansons 130
GYIOS . iiiiiiiei it etannocscncenisncnnsnesansnananas 40

X 2.7 2090

powerplant is formed. The difficulty encountered with this type of powerplant
is that the working fluid is used only once and hence must be continuously
supplied. Indeed, the weight of working fluid needed would differ only
slightly from that of the fuel needed to produce a kilowatt-year of electricity
in a conventional engine.

In a closedcycle powerplant, the working fluid is used over and over again.
Since no practical compression or expansion process is completely efficient,
losses occur in the working fluid in the form of internal heat. In order to use
the working fluid again, it must be restored to its original state; i.e., it must be
passed through a cooler. In the satellite the cooling system is comprised of a
network of tubing placed under the vehicle skin where the heat is dissipated
by radiation.

There are several types of reactors, working fluids, and thermodynamic
processes that could be used for the closed-cycle powerplant.® One particular
combination has been selected for description here, but it is not necessarily the
optimum choice. This system employs mercury vapor as a working fluid. Liquid
mercury is vaporized in a water-moderated reactor, expanded through 2 gas
turbine, and condensed by passing the vapor through a radiator in the vehicle's
skin (see Fig. 17). A description of these components and their operation will
appear later in the text.

The use of water in the liquid state as 2 moderator in the reactor introduces
an additional complexity to the over-all powerplant operation (in particular,
that of a gross control on moderator temperature). Zirconium hydride is a
simpler, although heavier, moderator which has been given serious considera-
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tion for satellite application. One of the alkyl benzines has aiso been sug-
gested as being suitable for 2 hydrogenous moderator.

Among the possible alternative powerplant cycles which appear to be highly
promising are a vapor cycle using water as a working fluid; the closed-cycle gas
turbocompressor; and a so-called air-cycle engine.

Possible difficulties that may be experienced with the various cycles can be
briefly summarized by stating that the vapor cycles (both mercury and water)
employ a change of phase in the working fluid which in turn causes some con-
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cern when employed in a gravity-free condition. An air engine is complex
mechanically, and the reciprocating motion needed may introduce vehicle vibra-
tions as well as special problems in engine wear. A gas turbocompressor requires
higher efficiencies than can be promised with present-day engineering art.

Heat Source and Reactor Requirements

Heat is produced in the reactor in the form of energy released by the fission
of U™*—a semispontaneous process which depends for its success on a chain-
reacting system. In the fission process, a neutron liberated by one fission rico-
chets through the fissionable material and may be captured eventually by an-
other U nucleus, causing the latter to fission and to emit other neutrons, and
so on, with the associated release of energy. Thus an equilibrium of neutron
capture must be established to continue the generation of nuclear power. Con-
sideration must be given to the probability that a neutron will be captured
by a U™* nucleus. If this probability is small, the U™® nuclei must be highly
concentrated in the fissionable material; i.e., a rich mixture must be used in
the reactor. -

* The probability that a relatively fast neutron will be captured immediately
after its emission from a fission is smaller than that of the capture of a neutron
that has been slowed down. Reactors using fast-neutron capture are hard to
stabilize—indeed, atomic bombs operate on this principle. On the other hand, if
the neutrons are first slowed down to “'thermal” velocities* by means of a mod-
erator, neutron capture is much easier. Furthermore, a strong negative-tempera-
ture coefficient usually exists for such a slow reactor. This means that a unique
stable temperature establishes itself for a given neutron flux. Increasing the
flux tends to raise the temperature. This, in turn, decreases the moderator den-
sity and causes more neutron leakage. The greater leakage lowers the reaction
efficiency and cuts the neutron flux, thus leading to high inherent stability.

We must examine the process by which neutrons are moderated. A neutron
has no charge and thus is not affected by electrical fields set up by the charged
nuclear particles. Heavy materials having large nuclei of high charge (normally
thought of as being good for stopping radiated particles) are surprisingly per-
meable to neutrons. Neutrons are slowed down by a process similar to that gov-
eming the elastic collision of billiard balls.

It will be recalled that one elastic body impinging on another of like mass
can transfer all of its momentum if a direct hit is made. Because the second

*Energies of about 40 ev.
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body acquires all of the first's velocity, the second body also gains all of the
energy of the system. Thus a neutron striking a hydrogen nucleus (or proton)
can in some cases lose all of its initial energy because the two particles have very
similar masses.

On the other hand, if a dissimilarity in masses exists, as when the neutron
encounters an oxygen nucleus, the greatest fraction of the neutron’s energy that
can be transferred is 22 per cent. For mercury this ratio is 2 per cent. Thus heavy
atoms are very poor for stopping neutrons by the “billiard ball” process and,
by the same token, hydrogen is the best.

Hydrogen is a very difficult substance to pack into confined quarters. As a
gas, of course, there are not many particles in a given volume. If hydrogen is
compounded with other elements (particularly carbon), the compounds will
break down in the presence of a strong neutron field. Water, for example, will
hydrolize and 2 catalyst must be placed in the system to recombine the hydrogen
and oxygen. Also, water has a critical temperature of 705°F. At or near this
temperature, the density is not much different from that of the gaseous state.
Thus water cannot be used as a2 moderator (unless it is insulated from the heat-
producing reactor elements) where working temperatures are as high as might
be required by a satellite heat engine (e.g., 1200°F). A scheme for solving this
difficulty is described below.

Zirconium hydride (ZrH,) appears to be a promising moderating substance.
It is possible that at the operating temperatures in question the zirconium will
be able to retain enough hydrogen for moderating purposes without the artifice
of insulating the moderator and separately cooling it.

In ZrH, the hydrogen is not securely bound to the zirconium. A definite per-
centage of the theoretical two hydrogen atoms to one zirconium atom can be
plotted as a function of pressure and temperature. Figure 18 depicts such a plot.
Here it may be seen that 80 per cent theoretical (ZcH, ) represents a practical
maximum for desirable reactor temperatures. The significance of this number
will become apparent when the reactor design and weights are discussed.

We can now describe the reactor selected as an example of a heat source for
the auxiliary powerplant (see Fig. 19).

The reactor is spherical in shape and contains a large proportion of water,
to be used as the moderator. The water is maintained at 300°F and has its own
pump and separate radiator for dissipating about 2 kw of heat energy. The
radius of the reactor has been computed as being a little over 23 cm (10 in.).

If the reactor mixture were just water and U*® in solution, it would have a
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Fig. 18——The decomposition-pressure isotherm for the zirconium-hydrogen system

minimum amount of uranium, namely, 1.18 kg. Such a reactor would only re-
quire a radius of 18.7 ¢m. But since it is necessary to put heat-transfer tubes of
finite volume through the reactor, the resulting matrix of heating tubes and
water has an effective moderator density that is somewhat less than the water
itself.

There will be 200 ft of tubing, % in. in diameter, with an over-all volume of
7.4 liters. The volume of the entire reactor will be 51.7 liters, and the water
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alone will have a volume of 44.3 liters. This represents 98 Ib of water, which
Is 2 large portion of the weight of the reactor (although for this report an
over-all weight of 300 Ib has been assumed).

Because the reactor mixture is not homogeneous, an additional factor must
be added to the 1.18-kg uranium investment. It is believed that this will increase
the amount of uranium investment to a total of 2% kg.

The heating element is similar to that assumed by the Bendix Aviation Cor-
poration in their proposal for the steam boiler and is also similar to some of the
ANP reactors.

Concentric tubes are necessary. An inner tube, uranium-plated on the outside,
carries the working fluid through the reactor to the heat engine. An outer tube
serves as an outer sheath for the insulation between the fuel tube and the water
moderator. In between these two tubes is the insulating region, mentioned in the
preceding section. This insulation is necessary in order to maintain the inner
tube at 1200°F so that it can heat the working fluid up to 1000°F and, simul-
taneously, allow the outer tube to be at a temperature slightly above that of the
water moderator, namely about 300°F. Calculations show that the correspond-
ing drop of 900°F between the two tubes can be accomplished by evacuating
the region between the inner and outer tube and inserting a radiation shield of
polished aluminum halfway in between. It is necessary to have spacers to hold
the three tubes in proper position and this has been allowed for in the heat-
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transfer calculations. Up to about 25 per cent of the fuel-tube length can be
taken up if the spacers are made of a material such as Thermoflex.

The vacuum in the space between the tubes can be created on the ground and
the reactor case can be sealed shortly before firing. Once the vehicle is in the
orbit, the vacuum can easily be maintained by venting to the outer space.

Reactor Stability and Control

Water-moderated thermal reactors of the so-called water-boiler types are
noted for their inherent stability and highly self-regulatory characteristics. It
was hoped that the auxiliary powerplant reactor would exhibit these same
traits, thus removing the need to provide additional equipment to regulate the
source temperature in the presence of fluctuating load demands, changing radia-
tion conditions, and chance variations in reactivity. However, analysis of the
system's kinetics, plus a REAC simulation (described in Ref. 10), established
that within the parametric range of the design, simple self-regulation was com-
pletely inadequate to maintain transient excursions of reactivity and tempera-
ture within reasonable bounds: in fact, under some circumstances, oscillatory
instability developed. Additional regulation (e.g., by control rods) must there-
fore be provided. The requirements for this control system, however, are small,
when compared with conventional pile controls, and can probably be fulfilled
by a simple temperature-sensitive mechanical design of high reliability and
light weight. With the added control, the system exhibits excellent regulation
to anticipated disturbances and maintains complete stability.

Major considerations and results of the analysis presented in Ref. 10 are
summarized here. A mechanism for moderator regulation through the tempera-
ture coefficient of reactivity has been described earlier in this section. From the
control point of view, the change of reactivity with moderator temperature in
the direction to restore equilibrium is a proper response, but the fact that this
action manifests itself as changes in the coefficients of the dynamical equations,
rather than as the usual restoring forces depending on the state of the system,
leads to highly nonlinear kinetics, which are best analyzed with a simulator.
This was the consideration which dictated the use of the REAC.

The arrangement of the conventional water-boiler type of reactor is such
that all of the generated power passes through the moderator to the working
fluid and the active material is in intimate contact with the moderator. The
moderator, as a heat capacitance, thus feels the full impact of power fluctua-
tions in the reactor. Its temperature response to these fluctuations gives rise to
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strong changes in reactivity, and hence a tight regulation is needed. As pro-
posed now, the reactor for the auxiliary powerplant is designed quite differently
owing to the factors previously discussed. In the proposed reactor the moderator
stands in a parallel relation to the working fluid, so that only a small portion
of the power is diverted through it. In order to have a comparable temperature
response to reactor power fluctuations, the capacity must be correspondingly
smaller. Unfortunately the mass of moderator is dictated by nuclear critrcality
requirements; i.c., to have sustained operation, the reactor must be critical. Thus
there is a minimum allowable moderator mass and hence a minimum thermal
capacity. The analysis shows that this minimum capacity is far too great to
obtain temperature responses adequate for control.

Consideration was given to the diversion of a greater proportion of the total
heat power to the moderator. It was found that 50 per cent or more heat diver-
sion would be necessary to begin to achieve the desired regulation. Since the
total power level of the reactor is limited by the available radiator area, such a
division of power represents an inacceptable reduction of net useful output.

Even if a high absolute power could be delegated to the moderator, an addi-
tional restriction would exist. The parallel nature of the system requires that
the reactor tubes heat up in order to pass energy to the moderator. Their small
but finite capacity constitutes a time delay in bringing the moderator regula-
tion into play. It was found that this delay was sufficient to throw the modera-
tor action enough out of phase with the power fluctuations to cause oscillatory
instability. The fact that up to 2.5 per cent of the power may be conveyed with-
out delay by the neutrons themselves is not significant in view of the total per-
centage required.

Thus the need for control, in addition to that provided by the moderator, has
been established. However, it is calculated that only a few grams of cadmium
need be introduced to effect the total required changes in reactivity. Equiva-
lently, some tens of grams moved through some inches in proximity to the case
will achieve the same end. It would be a simple mechanical problem to devise
an expansion thermometer with enough power to move such a “control rod”
directly. The thermometer should sense the core tube temperature. There would
then be substantially only the tube capacity delay, of the order of 1 min, since
the thermometer delay would be small compared with this. The system char-
acteristics under these conditions are completely satisfactory.

Thermodynamic-cycle Considerations
A variety of thermodynamic cycles can be brought under scrutiny for use in
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connection with the satellite’s auxiliary powerplant. The Rankine, while not
necessarily the optimum, does appear to be one feasible solution, based on the
present state of the art.

Any thermodynamic cycle used for power production involves compression of
the working fluid, heating it at the higher pressure, and subsequent expansion
through some sort of engine (a turbine, for example). For use in connection
with the Feed Back device, much depends on the way in which the working
fluid is compressed. Processes involving boiling, or those using large volumes
with regenerators so that compression can take place at a leisurely pace,* have
nearly 100 per cent efficient compression. The former method is intrinsic with
the vapor (or Rankine) cycle, whereas the latter type of compression is a char-
acteristic of “air” engines (the Stirling cycle, for example).

A simple gas cycle is the Brayton—that used by ordinary gas turbocompres-
sors. However, in the case of the Brayton cycle, a large percentage of the work
produced by the turbine goes toward powering the compressor. Therefore a
small change in the efficiency of either component would result in no power
output, because the latter would be the net difference between two large num-
bers. If adequate component efficiencies could be achieved, 2 hydrogen gas
turbine would be attractive. '

The Rankine cycle, on the other hand, involves but a small amount of pump
work, and is much less dependent on high component efficiencies. As a result,
it is the system considered here. In the main, it consists of mercury as the work-
ing fluid, a water-moderated reactor, a single-stage impulse type of turbine,
a radiant condenser, and a mercury feed pump.

The choice of mercury as the working fluid was based on its favorable tem-
perature-vapor-pressure characteristics. For example, at 5S00°F, its vapor pres-
sure is 2 psia, and at 900°F the vapor pressure is 100 psia. Disadvantages
associated with the use of mercury are its relatively low specific heat (0.0248
BTU/Ib°F for superheated mercury vapor as compared with approximately
0.50 BTU/Ib°F for superheated steam) and the high specific weight of liquid
mercury (850 lb/ft*).

Mercury conditions at the boiler outlet are 40 psia and 984°F (200°F super-
heat). Turbine exhaust conditions were determined primarily by the required
temperature differential for heat transfer, turbine sealing requirements, and

*An infinite length of time to effect a thermodynamic change will yield 2 completely reversible,
or 100 per cent efficient, process.
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vapor quality necessary in the turbine blades. Turbine exhaust conditions of
10 psia and 637°F were regulated by the available energy across the turbine, the
condenser radiation, and the pump suction-head requirements.

Neither the turbine nor the feed pump appears to offer any unusual prob-
lems. The problem of vapor quality is governed primarily by the mechanical
design of the turbine.”

It is expected that rather unique but resolvable problems in the use of a
two-phase substance under conditions of no gravity will be experienced, par-
ticularly in the case of the turbine itself. The collection of blobs of liquid or
mixtures of liquid and gas in certain regions are examples.

One of the most important factors tending to regulate the power output of
the auxiliary powerplant system is the availability of an adequate heat-rejection
mechanism. Since the satellite vehicle operates essentially in a vacuum, the only
feasible method available for long-time, steady-state heat dissipation for a
closed cycle is external radiation. Thus, for any given vehicle configuration and
auxiliary powerplant cycle, the maximum output power level of the reactor can
be established in terms of the radiator heat-balance parameters.

Total heat to be dissipated from the radiator is the sum of the heat addition
from external sources, i.e., irradiation from the earth and sun, and the internal
heat due to the working medium. Reference 12 conservatively approximates the
external heat input as a function of orbital position and surface emissivities.
Because the purpose of this study is to determine feasibility, rather than to
investigate the functional aspects of a detail design, the highest value for
external heat input is used throughout. Combining the necessary heat rejection
rates for the condensation of mercury (123 BTU/Ib) with the flow rate
(0.57 Ib/sec), and allowing for a 10°F drop from the vapor (637°F) to the
outer skin, the required radiating area is equal to about 133 ft* (see Table 2),
or one-half the available lateral area of the satellite vehicle, for a 2-kw
power output.

In view of the lack of available data on the condensation of mercury in 2
gravity-free medium, the resulting condensation heat transfer can only be ap-
proximated at this time. Based on preliminary calculations with conservative
flow assumptions, it appears that condensation can be readily accomplished
within the area limitations imposed.

®In accordance with the Becker and Doring theory, (1) the loss in turbine nozzle efficiency
through condensation shock can be neglected.
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TELEVISION PAYLOAD EQUIPMENT

A basic outline of the television, optical, and recorder-communication system
is shown in Fig. 20, as worked out by the Radio Corporation of America, ‘-
It does not differ basically from a system suggested previously by RAND studies
and described in Ref. 4. It is interesting to note that the television system to be
used in the satellite will employ a conventional camera tube presently found
in standard commercial broadcasting studios. A little later, components of the
television system will be discussed. For now, discussion will be centered on the
various factors leading up to selection of the camera tube because it is the
critical center of the television system. -

An important consideration in the choice of the television pickup device has
been the ultimate resolution of the system in terms of minimum recognizable
detail size on the ground, within the limitations set by payload weight and
power consumption.

Television pickup devices can be classified dichotomously, according to
whether they measure an instantaneous photocurrent arising from a picture
element or whether they integrate this current and measure the accumulated
charge.

In the group of photocurrent measuring devices, the photomultiplier tube is
by far the most sensitive and simple. In the basic arrangement for using the
photomultiplier, the photosensitive surface is illuminated by the light from an
optical image that gets through an aperture the size of a pinhole. This optical
image is the image formed, by an objective lens, of the ground scene to be tele-
vised. Scanning of the ground scene is effected by arranging the objective lens
so that it views the ground by reflection in a rotating mirror.

Such a system has one commendable feature which is unique among television
pickup schemes: The element which limits the resolving power is, clearly, the
pinhole. This hole is made as small as possible but still allows enough light to
pass through to give adequate signal-to-noise ratio. The linear dimension of the
image of this pinhole projected on the ground by the objective lens is the size
of the smallest resolvable ground detail. If a certain ground area is to be cov-
ered each second, the number of times the area of this pinhole image is con-
tained in the area swept over in a second is 2 good measure of the information
rate. Rapid variations in the photocurrent pose a severe problem if they are
to be detected, successfully measured, and transmitted. Since the most reason-
able Feed Back system requires storage of this information on a multichannel
magnetic tape, the use of a corresponding number of separate photocells and
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their pinholes not only will decrease the difficulty of measuring each photo-
current, but will also eliminate multiplexing the information, which would
probably be required with a television tube.

This system has not been given very much attention in this report chiefly be-
cause it is not an "off the shelf”” method, and its limitations are known only as
‘a result of some theoretical calculations. These indicate, however, that some
experimental investigations should be made, especially in view of its electronic
simplicity, reliability, and low power consumption.

In the class of television pickup devices that integrate the photocurrent and
measure the resulting charge, the two types that are presently available are the
photoconductive and photoemissive types. RCA’s Vidicon and Image Orthicon
camera tubes are examples of the former and latter types.

The Vidicon will be discussed below in less detail than the Image Orthicon.
Although the Vidicon is not now as promising, it is much simpler and may be
1000 times as sensitive as the photoemissive types.

The camera lens forms an image on the photoconductive material (the sig-
nal electrode in Fig. 21). The scanning beam moves over the opposite side of
this plate, and the unused portion of the scanning beam, plus the electrons re-
leased by secondary emission from the signal electrode because of the impact
of the scanning beam, is gathered by the collecting screen. This screen is placed
far enough away from the signal electrode so that the scanning beam is still
well out of focus when it passes through it and hence does not show in
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Fig. 21—=Schematic of Vidicon camera

Fixing our attention first on the signal plate which forms the front closure
of the tube, we find it is the critical item in controlling the tube’s performance.
It is a flat glass plate the inside surface of which is first coated with a metallic
film, thin enough to be transparent, and then with a photoconducting material.
Determining the proper composition of this photoconductor is the problem in
the tube’s development, but it can be said to consist of a semiconductor with 2
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trace of impurity. Irradiation of the semiconductor lowers its electrical resist-
ance locally, and the function of the impurity seems to be to shorten the time
required for the material to return to its semiconducting condition after the
irradiation has stopped. The detailed mechanism involved is only imperfectly
understood; consequently the proper choice of materials at present is more an
art than a science. Recent advances in the field of transistors, however, promise
to alleviate much of the uncertainty on this score.

The behavior of the tube can be most easily described by starting with the
tube “cold,” i.e., with no charge and no optical image on the signal plate and
with the scanning electron beam turned off.

The thickness of the semiconducting layer and the underlying metallic film
is less than 0.001 in., but it is exaggerated in Fig. 22 for ease of description.
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Fig. 22—Schematic of photoconductor surface

When the scanning beam is turned on, 2 negative charge is deposited on the
photoconductor inside the tube, which in turn induces a positive charge in the
metallic film until the whole surface of the signal plate is uniformly charged—
sufficiently to repel the scanmng beam—and equilibrium is established. In
Fig. 23 the speckied region in the photoconductor, marked P, is the place where
a point image has been formed by the objective lens and conductivity has been
induced by the action of the light in the image, and where the negative charge
deposited by the beam has leaked through to the conducting layer and has neu-
tralized its induced positive charge. This “leaking” causes no current to flow in
the signal pick-off impedance, so there is still no signal generated. As the beam
passes by this point the next time, it is not repelled and is able to induce another
charge here in the metallic film. A current is caused to flow to the conductor
proportional to this charge and is the signal. Because this happens only when
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the beam is at the position of the point image, the current magnitude can be cor-
related with the beam position to give a time-ordered sequence. If the conduct-
ing condition of the photoconductor persists until after the beam has passed,
this charge “leaks” through and the beam registers a signal again the next time

it goes by. The need for a quick recov-
A ery time for the photoconductor is ob-

- +

- + vious. The maximum time the conduct-
é N ,. - ifng :;atec;xeed last is just long enough
z s |0 — or the charge to leak through, a very
' short time indeed. The very best tubes

now have a recovery time of 0.1 sec or

T — more. This is intolerably long for our

: —— application, where each frame presents
+ a completely different scene.
+ Although the theoretically ultimate
N\/\'\ /N\/\,\,\ sensitivity of the Vidicon type of tube is
quite high—higher than the photoemis-
Fig. 23——Schematic of illuminated sive type—the present tubes have about
photoconductor surfoce one hundredth the sensitivity of the
: Image Orthicon (photoemissive).

The resolution capability of the Vidicon, i.e., information content per frame,
is almost as good as that of the Image Orthicon. In fact it could be made better
at the expense of the recovery time, but the tube is not being considered now
because of “picture sticking” and insensitivity.

In the simulation setups made in the photographic-interpretation studies, the
intensity of illumination of a surface required by the Vidicon was 630 ft-L at
£/1.5, which may be compared with 31 ft-L at £/5.6 for the Image Orthicon, a
factor of about 500 between the light levels of the two camera tubes. Later it
will be shown to be desirable to use something on the order of 2-in. apertures
for an Image Orthicon television system; it may thus be seen that the Vidicon
will require quite large optical apertures.

The present commercial use of the Vidicon is as 2 monitor camera. For this
purpose, the light levels of the scenes being viewed can be made quite high.

There are 2 number of photoemissive types of television pickup devices.
These include the Iconoscope, the Image Iconoscope, the Orthicon, and the
Image Orthicon. The Image Iconoscope has been developed extensively in Great
Britain and has excellent resolution characteristics, perhaps exceeding those of
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standard Image Orthicons, but it lacks the sensitivity and reliability of the latter.
The most successful of the various television tubes has been the Image Orthicon.
In many respects its performance resembles that of ordinary photographic
material. For instance, this tube is available .in three sensitivities—high, me-
dium, and low. Tubes of high sensitivity, i.e., those that can operate at lower
levels of subject illumination, have a larger limiting resolution (will resolve
fewer lines per frame) than the less sensitive tubes. This trend, qualitatively, is
similar to the behavior exhibited by photographic films, and since both tele-
vision and photography are sampling processes to which one can apply statisti-
cal theory, this is not too surprising.
The method of operation of the Image Orthicon is as follows:

1.

An optical image is formed on a thin glass plate which forms the front
of the tube.

On the side of this plate, opposite to the direction of the incident light
(inside the tube), is a thin coating of photoelectric material which
emits a current proportional (within a very wide range) to the bright-
ness of the image.

Emitted photoelectrons are then accelerated and focused on a second
thin glass plate, the “target plate.” This is called the image stage of
the tube. An electron lens here forms a true image with the photo-
electrons of the optical image on the face of the tube. Relative sizes
and angles are preserved, but the scale of the charge image can be
larger or smaller than the optical image. Magnifications of two or more
can be effected without much trouble.

- The side of this second glass plate which receives the photoelectrons

is coated with a substance having a high “secondary electron yield.”
That is, when a photoelectron of the proper energy (about 300 volts)
strikes the target surface, it will release two or three secondary elec-
trons. In addition to having a high secondary electron yield, the surface
must also have the property of a high ohmic resistance laterally so
that a point charge placed on it will not spread over the surface.

- Close to the surface of the target plate (of the order of 0.001 in.) on

the side which the photoelectrons are striking there is a very fine wire
grating consisting of 600 or 800 parallel coplanar wires whose diame-
ters are about three-fourths as large as the distance between them.
Production and handling of this “mesh,” as it is called, is one of the
more critical problems in the further development of Image Orthicon
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tubes. The function of the mesh is to collect the secondary electrons
as completely as possible to keep them from falling back on the tar-
get and giving rise to spurious signals or eradicating some other part
of the charge “image.” It is the failure of the mesh to perform this
function which limits the tube’s operation at high light levels. It shows
up in a televised scene as a haze around a bright light. As the brightness
of the.light increases, the contrast in the whole scene is reduced as the
spray of uncaptured secondary electrons spreads over the target.

. A charge image is scanned by an electron beam which approaches the
target from the side opposite to the image stage. Velocity of the elec-
trons in this beam is adjusted so that it is practically zero just as they
reach the target plate. The charge image on the image side of the tar-
get plate consists of a distribution of positive charge resulting from the
secondary electrons. The electric field set up by this charge retains
enough of the charge coming to the target plate in the scanning beam
to wipe out the image or discharge it. Electrons picked up from the
beam by the charge image migrate through the material of the target
and render it electrically neutral and ready to “transduce” another pic-
ture. Material of the target must be chosen so that the resistance is low
enough to permit this latter process to proceed in a short time (the
time between frames), but it must be high enough to prevent the
charge image from spreading. A nice problem! It is the breakdown of
this property which is one of the first signs of aging of the tube.
Strangely enough, the target fails to function properly because its
resistance to the flow of the scanning beam electrons increases, result-
ing in “'picture sticking.” Electrons from the scanning beam, which are
retained by the charge image, remain on the scanned side of the target
and repel the beam on subsequent passages, resuiting in a phantomlike
image which is the negative of the original picture. The portion of the
beam which is not retained by the charge image on the target plate is
returned in the same general direction from which it came and falls on
the first dinode of an electron multiplier, which then amplifies the
beam current several hundred times in a noise-free fashion. Each stage,
or dinode, in the electron multiplier has a secondary emission surface
similar to the one on the target surface, so that the same over-all ampli-
fication can be achieved by cascading image sections. This has one
very desirable feature: The principal source of “noise” in the tube is
the nonuniform distribution of electron velocities in the scanning beam



and, with the existing arrangement, this is amplified several hundred
times along with the signal. On the other hand, the cascading of the
secondary emission process in the multiplier stage does not involve any
loss of resolution such as would result from handling an image through
a line of electron lenses. Therefore, the present scheme is the optimal
combination from this point of view.

Improving the resolution limitation imposed by the mesh-to-target spacing is
apparently just a matter of getting the mesh to be more effective in scavenging
the secondary electrons. The closer the spacing, the more effective the mesh in
scavenging, and the better the contrast in the microscopic detail.

Too close a spacing brings other problems, however, which can be seen with
the aid of the diagram in Fig. 24. The mesh is maintained at ground potential
and the target floats; the ejected secondary

Mesh

electrons pass close enough to the mesh wires "'"\o

to induce a positive charge in them which then [

captures the secondary electron. A remaining o .
positive charge on the target then induces a 0. . :)
negative charge on the nearest mesh wires. As O] Sconning
the mesh is moved closer to the target, the O oeam
charge induced on the mesh is increased and the rorams _/O,‘.—-..J

field on the scanning-beam side of the target,
set up by a charge of a given size, is weakened.
A close target spacing more effectively neu-
tralizes a given charge on the target. Consequently, the scanning beam “sees”
an apparently smaller charge, with the result that to regain the signal strength
a greater charge must be present and for the same exposure time more light
must fall in the image on the tube face. That is, a faster camera lens is needed.

There is another reason for not reducing the mesh—target spacing: that of dis-
charging the target. The action has been described by O. Schade.*»

High capacitance elements cannot be discharged as completely as low capaci-
tance elements containing an equal charge. . . . An incomplete discharge
forces the element potential to build up in successive exposure periods until
the scanning beam is capable of removing the number of electrons emitted
during one exposure period. The consequence of this action is a delayed siow
appearance of under-exposed objects and their delayed disappearance or
“smearing” (following "ghosts™) in motion.
Another gain that is realized by using larger capacities (smaller mesh~target
spacings) is in the signal-to-noise ratio, because the currents used are larger and

45

Fig. 24—Schematic of image
Orthicon target



their statistical fluctuations increase only as their square roots. For operation at
an assigned signal-to-noise ratio, then, the required charge to be accumulated on
the target during one frame time varies only as the square root of the mesh-
target capacitance and so also, then, does the lens area. The lens diameter will
vary, therefore, as the fourth root of the capacitance. The Image Orthicons are
available in three capacities, the medium-sensitivity variety having twice the
capacity of the high-sensitivity tube and half the capacity of the tube with low
sensitivity. This requires an over-all difference of lens speed of only the fourth
root of four. The recommendation of RCA for the application being described
in this report is to use the high-capacity tube with two or three retrace erase
operations for each frame. The transmitted picture will be taken as the first
scanning. This will result in a required wider bandwidth, but the gain in resolv-
ing power is considered to be worth while.

For daylight operation the lens speed is set not by the required image bright-
ness, but by the resolution capabilities of the Image Orthicon. Since consider-
able effort will be put into getting the resolving power of the Image Orthicon
as high as possible, the decrease in the resolution of the system imposed by the
camera lens should be negligible. The resolution, expressed as a line number, of
cascaded processes combines as the sum of the inverse squares of the resolutions
of the separate processes, so that the resolution of the camera lens should be
about three times better than that of the tube, unless this creates severe prob-
lems in optical design. Such does not seem to be the case.

The resolution of a lens in lines per inch is about 2000 divided by the f num-
ber. The resolution of the Image Orthicon will be about 400 to 500 lines/in.
The required lens resolution is about 1200 to 1500 lines/in., so that the maxi-
mum f number is between 14 and 17.5. Experience has shown that increasing
the f number has no effect on picture resolution up to about /16, which is the
number we shall use in this discussion. The lens speed, based on the exposure
needed, is less than half this, so there is light to spare, which permits either the
use of haze-penetrating filters or operation under less favorable conditions of
illumination than full sunlight—twilight illumination, for instance. In the
vicinity of the Arctic Circle, this latter condition may tum out to be very
important. :

For the system having a scale of 1:500,000 on the photocathode at an altitude
of 300 mi, the focal length of the camera lens is 30 in., giving a lens diameter
of about 2 in. The angular field to be covered by one frame is less than 2 deg,
which means that at £/16 practically perfect image formation can be expected
over the whole picture with a fairly simple lens—at worst, a three-element lens,
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cemented, or with small spacings, but not the Cooke-type camera lens triplet.
Perhaps even a telephoto combination having an over-all iength of about 15 in.
could be used. However, using the simpler triplet and folding the light path
twice gives a compact and rugged system as shown in Fig. 25, where the dis-
tances involved are shown in about their proper size relative to the Image
Orthicon camera.

2 in.

I Mirror
/A\ image Orthicon

T_M and
comerc circuits

Mirror

' Photocathode

10 in. I

i L

Fig. 25——Schematic of television camera using folded optical path

The system having a scale of 1:125,000 on the photocathode at the same
altitude requires a focal length of about 150 in. While this can be accomplished
1n a straightforward manner similar to the previous example, i.e., with repeated
folding of the optical path, it will result in a system quite sensitive to tempera-
ture changes and vibration, and much shorter optical paths are greatly to be
desired. For instance, the image of a short-focal-length lens can be magnified
with 2 microscope objective type of lens. The angular field to be covered by the
latter is three or four times the size used in normal applications. The two re-
quitements that any such combination must meet are the scale on the photo-.
cathode and the £/16 speed, which at this focal length means about a 10-in.
clear aperture for the first lens. The focal length of the first lens multiplied by
the magnification of the microscope objective must be 150 in. The magnification
of the microscope objective is 7.5. The relative sizes of the components are
similar to those shown in Fig. 26, and the combination can be at least as com-
pact as the one shown. How much more compact it can be made depends on
the ingenuity of the designer. The optimization to be achieved in the design is
the sharing of the design difficulties between the two components. In the system
shown, the speed of the first lens is f /2 and the numerical aperture of the micro-
scope is 0.4; both of these specifications, at this angular field (about 0.4 deg),

47



are problems of only moderate difficulty and may not be far from the compro-
mise solution.

20 in.

image Orthicon
and

camerg circuits

Microscope objoe:vo}/
Photecathode

Fig. 26—Schematic of television camera using microscope objective iens system

To get the resolution required of any system to be used in this vehicle, the
effects of vibration must not only be small but sensibly zero. This is a problem
which can be investigated completely beforehand and eliminated at least by
adequate mounting. The change of focal setting caused by temperature changes
is not so predictable, and either an automatic focusing mechanism or, preferably,
an optical system insensitive to temperature changes is mandatory. Since relia-
bility is one of the most stringent requirements of the components, the system
insensitive to temperature changes appears to be preferable. Fused quartz, suf-
ficiently free of bubbles and seeds to be made into 2 high-quality lens, is avail-
able today, but there is no other low-thermal-expansion transparent material
that can be used in conjunction with it for the purpose of balancing aberrations.
A reflecting optical system, such as a Cassegrain telescopic system using metal
mirrors, will equalize quickly after a temperature change, but the focal setting
will be shifted because of the change in dimensions of the system. All the ele-
ments, mechanical (supporting members) and optical, can be designed and
fabricated of materials such that once thermal equilibrium is established the
focal setting will remain unchanged with a drop or rise in temperature, but
during the temperature variation this will not be the case. This is true for re-
fracting as well as reflecting systems. A schematic sketch is shown in Fig. 27.
The focal plane (F.P.) of lens L is mounted to the frame using material M,.
The lens is mouated on the frame using material M,. By choosing materials M,
and M, properly, the distance between the lens and the focal plane as a func-
tion of (equilibrium) temperature can be made to match the variation in focal
length, though some fairly large shifts are to be expected and this proposal
may prove cumbersome, or at least complex, in its possible ramifications. A
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much neater method would be to use quartz mirrors, for the image-forming
elements, supported on invar mountings. A double Cassegrainian followed by

a reflecting microscope has been suggested
by J. G. Baker, and it seems to be a very
compact and powerful combination. The
relative size shown in Fig. 28 may be
wrong, but this is the combination of
mirrors that is indicated. Dr. Baker has
stated that the obscuration of the sec-
ondary mirror, M,, in the microscope can
be kept to within that of the secondary
mirror, M,, of the telescope combination
and that both can be made less than one-

third, so that only 10 per cent of the area:

is blocked; therefore only an insignificant
increase will be necessary in the outside
diameters of the mirrors to recover the
light-gathering power or effective f num-
ber. An increase of 5 per cent in the out-
side diameter will do it; in this instance,
1t is only % in.—a negligible amount.
Another attractive feature of this pro-
posal is the opportunity which it affords

T
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Fig. 27—Schematic of optical system

to make use of the new cellular silica-backed quartz mirrors which have been
developed quite recently by the Pittsburg-Corning Glass Company. If this mate-
rial is used, all of the optical components of this system will not weigh more
than 5 lb, and this weight saving can be compounded by using a lighter mount-

ing structure.

Fig. 28—Schematic of Baker's optical system suggestion
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In an informal test conducted by RAND at the Wm. I. Mann Optical Com-
pany, a 3-in. mirror, consisting of a thin quartz diaphragm on a cellular or
foamed quartz backing, was tried out for pressure sensitivity. The mirror was
spherically figured. In varying the atmospheric pressure on the mirror from
sea-level ambient down to 10~ atm, only one fringe change from center to
outer edge was noted. There was no permanent set or hysteresis noted in the
deflection from- pressure or from mechanical handling. '

Scanning

The scanning problem arises for an obvious reason: The limited size and
resolving power of the Image Orthicon result in each picture’s being able to
contain only a finite number of bits of information. Elsewhere in this report it
is shown that in order to keep the time between successive views of a particular
ground area to a reasonable value, the television optical system must cover a
strip extending for 200 mi on each side of the flight line. If this area were to
be covered by a single picture, about 1 in. on a side, the scale would then be
1:25,000,000; if the spot size of the scanning beam in the camera tube could be
kept down to 0.001 in., the image projected on the ground by the optical system
would be 2100 ft in diameter. Anything much smaller than a mile in its princi-
pal dimension would be difficult to detect.

At the scale of 1:500,000, one picture is about 8 mi on a side. A strip 400 mi
wide will require fifty pictures to cover it. This number of pictures must be
transmitted in the time it takes the satellite to move forward 8 mi (1.68 sec),
requiring a frame rate of about thirty per second, which is present commercial
practice. At this scale, a spot 0.001 in. in diameter will cover a circle on the
ground approximately 40 ft in diameter. Two television lines are equivalent
to one optical line of resolution, and an object, to have a high probability of
detection, must be covered by about two optical resolution lines.*’ This gives,
in the present case, a limiting object size of somewhere between 150 ft and
200 ft, approximately the size of bombing aircraft—hence the gain realized by
the complication of the addition of a scanning system.

Because the Image Orthicon is an integrating device, it requires a finite
exposure time during which the image must remain fixed on the photocathode.
(If it were not for this, the scanning problem would be reduced to the simple
one of two cameras viewing the ground by reflection in continuously rotating
mirrors. Two cameras would be required to eliminate the “dead time,” i.c., the
time during which the mirror into which each camera is looking would be re-
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turned to its initial position to start a new sweep. But scanning in the direction
of the line of flight is affected by the vehicle’s motion. From the standpoint
of reliability and long life, intermittent mechanisms which have been proposed
for the projection of motion pictures from continuously moving film“* are
applicable. A few of those suggested in Ref. 24 may be difficult to fabricate,
but they can be used successfully here, because many of the restrictions imposed
by their application to theater projectors do not occur (e.g., the f number and
back focal length, in particular, present no problems).

The most promising arrangement that has been investigated is the one pro-
posed by RCA in their study of the problem. It consists of a number of mirror
pairs mounted on the periphery of a continuously rotating wheel; each mirror -
pair deflects a ray through a fixed angle in a plane perpendicular to their line
of intersection, independentiyof any rotation of the mirror pair about any line
parallel to their line of intersection. In Fig. 29, M, and M, are two plane
mirrors perpendicular to the plane of the paper,
and I is their line of intersection. If the two mir-
rors rotate slightly, as a unit, the change of devia-
tion of the ray produced by reflection in the first
mirror is of the same magnitude and opposite
sense as that produced by the second mirror, leav-

ing the deviation produced by the pair of mirrors
unchanged. The deviation of the pair depends,
therefore, only on the angle between them. RCA's '

device is shown in Figs. 30 and 31. For a scale of

1:500,909, an altitude of 300 mi, and a strip Fig. 29—S$chematic of
200-mi wide on each side of the line of flight, the operation of mirror
rotating drum will have eighteen pairs of mirrors, pair

cach pair equally spaced around the periphery.

This drum, whose axis is parallel to the direction of motion of the vehicle,
rotates at a speed of 38.5 revolutions per minute in a clockwise direction as
shown. Since there are eighteen equally spaced pairs of mirrors on the drum,
the mirror pairs are spaced 20 deg apart. Both television cameras are spaced
90 deg apart as in Fig. 31. This means that at the instant that camera “"A" is
viewing a ground scene through a mirror pair, camera “B” is viewing the transi-
tion point between two successive mirror pairs. The sequence of ground scenes
scanned is shown in Fig. 32.

Lateral image immobilization is achieved during the entire time that a pair,
or part of a pair, of mirrors is in fine with the optical axis of the camera. Except
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Note:
Three of the 18 mirror paoirs ore shown schematically, egch having a unique

included ongle (a,,a,,0,, respectively). The optical system {iens A)
of one television comero is viewing the portion of the ground scene
presented dy the a, ongie, while the second comero ( iens B ) is
simuitonsously seeing the qround fthrough the incivded ongie ay.

Lens A °": v Lens 8
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| \__’ \'at \\\
: Rototion of drum \
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Fig. 30—Optical segmentation drum with four representative
mirror pairs

for a short interval during which the image is recorded, a composite picture of
tWo successive segments is seen because of vignetting effects. The situation
perhaps can be explained better by describing the direction of view of one of
the cameras. As the drum rotates, a scene, completely stationary except for the
image motion caused by the forward motion of the vehicle (the lateral scan-
ning introduces no image motion), can be observed for a period of time depend-
ing on the mirror size. The next scene will then be picked up and will start
to blend with the first scene, both remaining completely immobilized. At some
point, only the second scene will be observed; then the entire cycle will be re-
peated for adjacent fields of view.

Such a sequence is demonstrated by Fig. 33. The ordinate in this diagram is
comparable to the intensity of illumination on the photocathode due to the
fields of view indicated by the numbers above each peak, which can be made to
correspond to the numbered fields shown in Fig. 31. RCA’s proposal to avoid
the resulting confusion of images is to “pulse” the image section of the Image
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Fig. 31—Optical segmentation device as seen looking along the line of flight
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Fig. 32—Scanning sequence

Orthicon. That is, the accelerating potential will be applied to the photoelec-
trons liberated by the optical image on the photocathode only during that part
of the exposure on, say, field 3 when the light from fields 1 and 5 is less than
some minimum value, say 5 per cent of full aperture. It should be noted that
because the output of both cameras is to be transmitted over the same carrier
wave and received on the same device, it is important that they be accurately
interdigitated timewise. The curves in Fig. 33 represent the case where the
dimensions of the mirror pairs are such that the full-aperture condition obtains
only instantaneously. As the size of the mirrors is increased, the full-aperture
exposure time increases and the exposure curves, shown in Fig. 34, develop
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Fig. 33—Drum performance utilizing one set of optics and instantaneous
exposure
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Fig. 34—Drum performance utilizing one set of optics and an exposure time
equal to frame time

flat tops and bottoms. From the point of view of the most efficient time use,
the optimum is reached when the exposure time is one-fourth of the frame fre-
quency for both cameras; the exposure curve has the form shown in Fig. 34 for
the camera on one side of the mirror drum.

Starting with field 2 (Fig. 34), full aperture is reached at the abscxssa. value
of 1.5 and is maintained until 2.5. During this time the accelerating potential is
applied and a charge image is built up on the target plate in the Image Orthi-
con. From 2.5 to 3.5 the image-stage voltage is shut off and the scanning beam
discharges the image on the target plate. In this same interval (2.5 to 3.5) the
camera on the other side of the mirror drum is being exposed. At 3.5 2 new
exposure is started in the first camera at the same time that the picture in the
second camera is being scanned and transmitted. In this way there is always one
and only one picture being exposed. There is no “‘dead time” for the transmitter.
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The price that must be paid for this more efficient use of transmitter and
exposure time is, of course, weight and bulk—the scanning drum must be
larger. Variation of thé drum radius with the percentage of the exposure time

occurring at full aperture is shown in Fig. 35.
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Fig. 35—Drum radius as a function of frame time utilization

To get the resolving power being discussed, any motion of the image, dur-
ing the exposure, that can be predicted must be eliminated. Such an image mo-
tion is one that is due to the high forward velocity of the vehicle—roughly
25,000 ft/sec. At an exposure time of 0.001 sec, the image of the photocathode
projected on the ground by the camera lens will move 25 ft, a barely tolerable
amount. If the scanning mirror dimensions are chosen so that one-quarter of
the frame time is available for exposure, the exposure time at 25 frames/sec
will be 0.01 sec and the image motion during this time will be 250 ft, requiring
some sort of image-motion compensation.

Here again the type of mechanism devised for the projection of motion pic-
tures from continuously moving film can be used, but there is such a small
motion, in terms of percentage of frame height (at most 1000 £t out of 8 mi),
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to be corrected that, in RCA’s opinion, it can be handled (electrically) by scan-
ning in the image stage of the camera tube. All that is required is the addition
of a coil above the image stage and one below the image stage, the plane of the
coils being parallel to the axis of the tube. These coils can be energized by a
“saw toothed™ oscillator whose frequency is equal to the frame frequency. As
the optical image moves on the photocathode, the photoelectrons liberated by a
(moving) point in the image can be brought to a focus at a fixed spot on the
target plate where the charge accumulates. RCA workers say that a motion of
5 per cent of the frame height is easily corrected in this way, whereas 10 per
cent is possible to correct, but very difficult. Since the motion in this instance is
around 2 per cent, it should not be difficult to correct.

The problem of obtaining reconnaissance data is essentially that of typifying
various ground-target scenes with patterns of bits varying in intensity. The
number of bits in a given period of time determines the bandwidth, or the infor-
mation rate, of the system. Here, information rates of perhaps three times
those of standard television systems have been considered, i.e., bandwidths of
about 8 Mc. It is obvious that all components in the television system should be
compatible with regard to bandwidth.

A bandwidth corresponding to the above frame rate in tube resolution is
about 62 Mc. It is expected that a slightly higher bandwidth may be employed
in the surrounding circuitry of the television camera tube, 5o that no unneces-
sary degradation of signal will be introduced. Bandwidths of the order of 9 Mc
have been employed in the simulation television setup for the photographs used
in Vol. I of this report. However, the use of these bandwidths is not standard
studio practice, because the standard-tube studio television is limited by FCC
regulations to about 3% Mc. Otto Schade, of RCA, has used bandwidths up to
20 Mc in some experimental television equipment, particularly for circuits sur-
rounding the 4%-in. Image Orthicon camera tube.

The next component encountered by the television signal is the magnetic-
tape recording system. Magnetic-tape recorders for the purpose of recording
video signals have already been investigated and brought to a primitive stage
of development. ,

A magnetic-tape recorder (Fig. 36) will be similar in many respects to the
home audio-tape recorder except that it will handle much more information in a
given length of time. Two reels, one for feeding the tape and one for winding
it, are needed; also, the tape passes over a capstan and several other pulleys.
Heads for recording information magnetically on the tape are provided, both
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Fig. 36—Schematic of tape recorder

for recording and for playing back the information into recording heads, and
for taking the information in playback.

An RCA video recording system was exhibited recently. It consists in using
cither a single track for the video signal, the black-and-white system, or a color
system having three tracks on the tape. Tape speed is 30 ft/sec.

Bing Crosby Enterprises have a system using a somewhat slower tape speed.
In their device, the black-and-white television is recorded with a number of
tracks on the tape.
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Both systems are designed for standard studio bandwidths and will have to
be increased by a factor of two or three in order to be compatible with the
bandwidth proposed for the Feed Back system. Personnel of both RCA and
Bing Crosby Enterprises have expressed the opinion that within the develop-
ment period allotted for Feed Back, such a recording system can be developed.

A suitable tape is one having a cellulose acetate plastic base of 0.0017-in.
thickness, similas to the one developed by Minnesota Mining and Manufactur-
ing Company. Lubricating methods developed by them are believed to be ade-
quate. The magnetic surface of the tape is an iron oxide coating of 0.0005-in.
thickness, which is impregnated on the plastic base. It is believed that the tape
cannot be run continuously over the capstans for a year's period. Even if the
tape itself can be made to withstand this length of service, it is probable that
the magnetic heads will be worn down, because tape has characteristics not too
different from those of crocus cloth. Any system assumed for the present report
allows for intermittent operation and includes motors for starting and stopping
the reels every time a recording or a playback is made. In fact, it is probable that
the system will be started in one direction for recording and played back in the
opposite direction. Discussion of the programming of the record playback
magnetic-tape storage may be found under “Communication Link,” page 85.

Next, in its progress through the television equipment, the signal encounters
a modulator and transmitter unit. These components must have at least the 8-Mc
bandwidth postulated for the other units in a television chain. Engineering of
the equipment will be fairly straightforward.

The transmitter in the vehicle will be a frequency-modulated oscillator oper-
ating in the X-band and having a power output of about 10 watts. Center fre-
quency of the transmission will be controlled by reference to a very stable
high-Q resonant cavity. However, there is some difficulty in obtaining an out-
put transmitting tube capable of transmitting at the megacycle frequency re-
quired and also having a year's life capability at reasonable power requirements.

In earlier work it was assumed that 10,000 Mc would be used for the trans-
mitted signal. However, RCA‘** believes that 7500 Mc is a more appropriate
figure, and this frequency will give a greater capability in transmission through
heavy rainstorms. A frequency that is too low will require more power input to
the transmitter; therefore the 7500-Mc frequency is a compromise. RCA has
recommended that the output stage be a frequency-modulated magnetron with
a 20-watt output for reasonably low power consumption. However, at present,
magnetrons have not been developed to have a year's life, the longest, perhaps,
being a month. It is probable (but not certain) that the life length of the mag-

58



netron can be improved. Also, it is'possiblc that traveling-wave tubes will be
developed to a state of refinement that will allow them to be considered for
use as the Feed Back transmitting tubes.

For the example selécted here, which was discussed informally with RCA,
two klystrons developing a total of 5 watts have been used. (A larger antenna
compensates for the reduction in output from the 20 watts stated above.) These
tubes now have a reliability compatible with Feed Back requirements (over
10,000-hr lifetime in one reported instance). Previously, use of the klystron was
not felt possible because power requirements of this tube are quite high. How-
ever, in putting together the various parts of the over-all Feed Back system, it
became apparent that the 400-watt input required by the klystrons (compared
with a tenth as much power required by the magnetron) was not dominant in
the total payload power requirement.

Payload power requirements are already in the realm of several kilowatts, so
that once a reactor is selected for the auxiliary powerplant, a % kw more power
can be obtained for about 25 Ib additional radiator weight.

A transmitting antenna with a diameter of about 3%% ft is needed for the
5-watt klystron systems. A 20-watt magnetron, on the other hand, requires only
a 1-ft-diameter antenna. By placing the antennas in the locations shown on the
vehicle drawing (see Fig. 1), it should be possible to enclose, within the vehicle,
antennas several feet in diameter, despite their attendant complexity and weight
for this particular component.

RCA has proposed an antenna system consisting of two separate paraboloid
dishes: one dish receives the 3000-Mc signal and thus is able to track the ground
station by means of a conical scan, and the other, the transmitting dish, is slaved
to follow the receiving dish by means of a servomechanism.

Rotating parts, such as the antennas, and also the mirror wheel for the optical
system, are assumed to be counterbalanced by devices of comparable moment of
inertia rotating in the opposite direction.

The antenna system is to be mounted just below the throat of the second-
stage rocket motor, so that upon separation of stages it will be exposed to the
atmosphere and will be aliowed ample freedom to scan not only directly below
the vehicle, but to the horizon as well.

Approximately three video stages of amplification will be necessary between
the camera equipment and the output tube. It is estimated that about 300 watts
will be required to operate the transmitter circuits, exclusive of the tube require-
ments. The temperature of the compartment which houses the electronic equip-

59



ment must be regulated to within about ==10°C of a desired value, and this
eliminates the need for an automatic-frequency control circuit.

A tracking command receiver will also be included in the television system.
It will be a simple superheterodyne type with a bandwidth sufficient to accom-
modate the doppler shifts due to vehicle velocity plus an information band-
width a few kilocycles wide, which is sufficient to permit transfer of all needed
command information for the most extensive case in a period of less than 1 min.

The purpose of this receiver is to receive command information from the
ground, particularly to set up the scanning, recording, playback, and transmit-
ting operation for successive passes of the vehicle. Commands will be trans-
mitted in the form of Baudot'*® types of symbols and will be recorded on the
rotating drum of the programmer, in accordance with the present sequence
arrangement, which is capable of erasing and changing all of the drum infor-
mation in a period of 1 min or less. At the conclusion of each command cycle,
the program drum will be played back to the ground through the data trans-
mitter and will be checked for accuracy against the transmitted commands.

Also included in the operation is the programmer just mentioned. The pro-
grammer will probably operate in 2 manner very similar to that of a timer on an
automatic washing machine; i.e., it will consist in a linear sequence of opera-
tions. Because successive programs differ only in variations of the length of
time (including 0) that operations can take place, the required programmer is
inherently simple. More comments on the ground-to-vehicle link and program-
ming will be found under “Communication Link,” page 85.

Results of RCA’s investigations up to the present time are given in their
various progress reports (see Refs. 13 through 21).

ENVIRONMENT PROBLEMS
Atmosphere

The physical properties of the atmosphere have been surveyed and investi-
gated up to great altitudes. A determination of the variation in pressure, density,
and temperature with altitude is based on the experimental results obtained
from past rocket flights. Pressure and density values are the same as the ones
presented by the Rocket Panel®® for the region from sea level up to 250 km
(156 mi). Above 80 km, the temperature is a deduced quantity and depends on
certain assumptions. A temperature curve, computed at RAND,*" falls between
the maximum and minimum values proposed by the Panel for the region be-
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tween 80 and 220 km. In general, the density at various altitudes is lower than
the densities proposed for the “"NACA standard atmosphere” in 1947. For the
region from 200 km t6 600 km (125 mi to 375 mi), where no direct measure-
ments of pressure or density are available, various atmospheric models have
been devised. By imposing certain requirements upon the results obtained, the
model which best fulfills these requirements has been chosen to represent the
state of the atmosphere at these heights. The imposed requirements have been
taken from astrophysical and electromagnetic-wave-propagation studies.

At an altitude of 480 km (300 mi), the average density of the atmosphere
has been found to be about 2 X 107 gm/cm’ and the average kinetic tempera-
ture has been found to be about 1500° = 100°K.

In the region between 500-km and 1000-km altitude above the ground
(312 mi to 625 mi), only indirect information about the state of the atmosphere
is available, and these indirect data are not very accurate—i.e., as might be ex-
pected, the accuracy of the results decreases with increasing altitude. However,
it has been determined that at an altitude of 500 mi the average density should
be of the order of 5 X 107" to 1 X 107" gm/cm’.

Whipple®™ made an estimate of the density at these altitudes which was
based on the amount of radioactive material emitted by the earth and the
escape of hydrogen and helium; but this is 2 method which has not been used
in investigations at RAND. Coincidentally, he arrives at a density of the order
of 1 X 107" gm/cm® at an altitude of about 500 mi.

Meteor Distribution

An estimate of the number of meteors and the amount of meteoric dust enter-
ing the earth’s atmosphere has been made, based on relations between the num-
ber of observed meteors and their magnitudes, or the quantity of light they
emit, when they enter the atmosphere. The amount of meteoric dust which
might be present in the atmosphere has been deduced from the study of the
zodiacal light, which is probably caused by the reflection of sunlight from
meteoric matter.

Methods of meteor observations have been greatly improved in recent years.
Bigger and better telescopes, such as the new Schmidt and super-Schmidt cam-
eras at the Harvard Observatory and at the Dominion Observatory in Canada,
permit the observation of very faint meteorites.® A new radar technique,
which uses the ionization effect caused by the meteorities passing through the
atmosphere, detects even smaller particles. By means of such direct observa-
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tions, a relation can be established between the increase in the number of par-
ticles and the decrease in brightness. The increase in number of meteorites varies
according to different observers, i.e., between 2.5 and 4, with decrease in bright-
ness per magnitude. Radar observations give only information about the number
of electrons produced by the particles.

None of these three methods (visual, telescopic, or radar) give information
about the size or energy of the meteorites. Very little is known about the lumi-
nous efficiency of the meteorites. This latter quantity is the fraction of the
kinetic energy of the original particle that is transformed into radiant energy
in the atmosphere. These energies, in turn, are functions of the velocity and of
the density of the particle. Calculations have been carried out for various veloci-
ties and densities which a meteorite can have. Whipple and his group at Har-
vard have related atmospheric densities to meteor mass magnitudes and ob-
served velocities. Their results show that the most probable velocity of a non-
sporadic meteorite is about 37 km/sec and that its average density is about
3 gm/cm® or less.

Estimates of the numbers of meteorites which enter the earth’s atmosphere
every day, as obtained by different observers and by different observational
methods, are shown in Table 6. The number of dust particles calculated from
Van de Hulst's theory® of zodiacal light applies only to particles having
radii between 0.025 to 0.0001 cm. Particles smaller than these will be repelled
from the solar system by the radiation pressure from the sun. Numbers “ob-
served” by radar techniques above magnitude 5 or 6 are not reliable, because
radar can only detect these small particles when their velocity is perpendicular
to the radar beam. It has been estimated that radar will only detect 20 per cent
of the particles, if their sizes correspond to the ninth magnitude of brightness.

Energies and radii of particles having various velocities and densities are
listed in Table 7 according to the stellar magnitude they are assumed to attain.
In order to show the effect of velocity and density upon the number of meteors
belonging to a particular magnitude and upon the corresponding energies and
radii or size, calculations have been made for a velocity of 56 km/sec and 2
density of 5 gm/cm?®, an assumption first made by 6pik"" in 1937 and also by
Watson®® in 1941. Energies and radii have been calculated for the most prob-
able velocity of 37.4 km/sec and a density of 3 gm/cm’®, as found by the Har-
vard group. Furthermore, results have been obtained for particles having a
velocity of 18 km/sec and a density of 3 gm/cm’, an assumption which, accord-
ing to Whipple's investigation, should apply to the meteoric dust that sup-
posedly causes the zodiacal light effect. Figure 37 contains 2 plot of the num-
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Table 6

NUMBER OF METEORITES ENTERING THE EARTH'S ATMOSPHERE EACH DAY

Number of Meteorites

Opik Watson Van de Hulst® Van de Hulst! ]
(visual and (visual and (zodiacal (zodiacal Millman
Magnitude telescopic) telescopic) light) light) (visual)
-2 1.38X10° To8xt0¢ | ..o ) el . 1.67X10%
-1 6.31 psxtos | Lo ] e 4.49
0 2.51 X104 I b A A 1.21X10¢
1 1.00X10% azxiot  F 0 Lo b e 3.25
2 398 282 ] siieeeeen X s 8.73
3 1.38X 108 we | 233X 107
4 6.31 rmsxier | ol | e 6.34
b} 2.51 X107 . I O N 1.71 X108
6 1.00X108 1.12X100 q2x100r | L.l 4.9
7 398 282 6714 1 ... 1.24X10?
8 1.58X10° 7.08 Lioxtony | L. 333
9 6.31 1.78X10? tg0 | ... 8.98
10 2.51 X100 447 X2 N 2.41X1010
i 1.00X10M 1.12X10%0 480 1 ... 6.49
12 398 2.82 183 2.01X10? 1.73X10M
13 1.38X10? 7.08 1.28Xt10" 3.28 4.69
14 6.31 1.718X104 209 5.37 1.26X10"?
15 2.51X109 147 343 8.77 3.40
16 1.00X10'4¢ 1.12X1012 5.61 1.43X103 9.17
17 398 282 913 234 2.47X10%
18 1.38X 10\ 7.08 1.50X10%3 383 6.64
19 6.31 1.78X10'3 2.4 6.26 1.79X 1044
20 251 X100 4.47 399 1.02X10%¢ 481
21 1.00X10Y? 1.12X10t 6.33 1.67 1.30X 1018
22 398 282 1.07X10'¢ 2.1 3.49
23 1.58X 1018 7.08 1.74 4.46 9.39
24 6.31 1.718 41013 2.85 7.30 2.53X10%
23 2.51X10'® 4497 1 e 1.19X10'3 6.80
26 1.00X10% 2o | oL 193 1.83X101?

McKinley
(radar)

1 14X10%
2.70

6.41
1.52X108
3.62

8.61
2.05X107
486
1.16X108
2.76

6.33
1.55X10°
3.69

8.77
2.08X10'0
4.9
1.18X10M
2.80

6.65
1.58X10!2
3.76

894
2.12X104?
5.04
1.20X10¢
285

6.78

1.61X 108
38}

*Based on p = 3 gm/an?, v = 36 km/sec.
1Based on p = 3 gm/cm?, v = 18 kmn/sec.




ENERGY AND RADIUS OF METEORITES ENTERING THE EARTH'S ATMOSPHERE

Table 7

Energy (ergs)

Radius (cm)

p = 3 gm/cm? p = 3 gm/cm?® p =3 gm/cm?
Magnitude | » = S6km/sec | v =37.4km/sec | o = 18 km/sec v = 56 km/sec ? = 37.4km/sec | v = 18 km/sec
-2 6.05X1012 9.06X10'2 1.88X10'3 2.64X10? 4.69X10? 9.75X10-?
-1 . 241 3.61 7.49X1012 194 343 1.16
0 9.59X101t 1.44 298 1.4} 2.54 5.27
| 3.82 3.72X10M 1.19 1.03 1.87 3.88
2 1.52 2.28 4.73X101 7.73X10-2 1.37 285
3 6.05X1010 9.06X1010 1.88 3.69 1.01 2.10
4 241 3.61 7.49X1010 4.19 7.44X10-2 1.55
b 9.59X10°% 1.44 2.98 3.08 3.46 1.14
6 3.82 5.72X10° 1.19 2.26 4.02 8.36X10-2
7 1.52 2.28 4.73X10* 1.67 296 6.15
8 6.05X10* 9.06X10° 1.88 1.22 217 4.52
9 2.4 3.61 7.49X108 9.02X10-3 1.60 333
10 9.59X10? 1.44 2.98 6.64 1.18 243
11 382 5.72X107 1.19 4.88 8.66X10-3 1.80
12 1.32 2.28 4.73X10? 3.39 6.37 1.32
13 6.03X108 9.06X10° 1.88 264 4.69 9.73X10-3
14 241 3.61 7.49X 108 1.94 345 7.16
13 9.59X10% 1.44 298 1.43 2.34 5.27
16 3.82 5.72X10% 1.19 1.03 1.87 388
17 1.52 2.28 4.73X108 7.73X10-¢ 1.37 285
18 6.03X10¢ 9.06X104 1.88 5.69 1.01 2.10
19 241 3.61 7.49X10¢ 4.19 7.44X10-¢ 1.53
20 9.59X103 1.44 298 jo8 5.46 1.14
21 3.82 5.72X10? 1.19 2.26 402 8.36X10-4
22 1.52 2.28 4.713X10° 1.67 296 6.13
23 6.03X10? 9.06X10?2 1.88 1.22 217 452
24 241 3.61 7.49X102 92.02X10 3 1.60 3133
23 9.39X10! 1.44 298 6.64 1.18 2.43
26 3.82 3721 1.19 4.88 8.66X10-3 1.80
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Fig. 37—Number of meteorites as a function of radii

ber of meteorites of different radii entering the earth’s atmosphere at the
various energies mentioned above.

It will be noted from Table 7 that the energies and radii of particles belong-
ing to the same magnitude do increase with decreasing velocity and density.
This is so because it takes much larger (slow) particles to produce the same
brightness effect as small particles with high velocities. Although the number
of particles having the same size increases slightly with decreasing velocity,
energy is the decisive factor from the point of view of depth penetration or skin
puncture, as will be shown in the following discussion.
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Meteor Penetration

An expected number of collisions between meteorites and the surface of the
satellite has been estimated. Collision frequency as a function of meteor magni-
tude was calculated under the assumption that the satellite vehicle has an ex-
posed surface area of 275 £t*. This frequency was then coupled with penetration
data to ascertain the probability of meteoric puncturing of the vehicle's skin.

Little information on the problem of high-speed armor penetration is avail-
able. To simplify the calculations for order-of-magnitude effects, it has been
assumed that the shock wave set up by a fast-moving projectile entering a solid
medium is presented by a right circular cone of total apex angie 60 deg. It has
also been assumed that the total energy of the meteorite is used in vaporizing
the material included in the volume of the right circular cone. Depth of pene-
tration of the skin then varies as the cube root of the total energy of the
meteorite. If o is the density of the metal plate and § is its heat vaporization, the
depth of penetration is

9 \*
i=(=) @™
where E is the total energy of the meteorite. Calculations have been carried out
for ¢ ==7.9 gm/cm® and {=1 X 10" ergs/gm.

Probability of hit as a function of depth of penetration is shown in Fig. 38,
where the expected effects of exposing the vehicle to meteorites for periods of
1 day, 1 month, and 1 year are indicated. If the assumption is made that the
skin thickness is 0.05 in., then according to this investigation, the probability
that perforation occurs at least once 2 month is about 1072, or considerably less
than one, based on Millman's observed meteor densities and a most probabie
meteor velocity of 37.4 km/sec.

Tables and graphs presented here refer to sporadic meteors only. The prob-
ability of hit has been calculated on the basis of Millman's visual observations,
i.e., on the basis of a rate of increase of number density of 2.7 per magnitude,
while an increase of 4 might be possible, as shown in Table 6.

Effects of major meteor showers have not been included in the calculation.
Predictable and unpredictable showers occur at various times during the year.
During the advent of a shower, which may last from a few hours to several
days, the meteor rate increases considerably, and it might reach values as high
as 50 to 100 per hour for a single visual observer. Under normal conditions a
visual observer sees about 2 to 8 per hour. Table 8 gives a list of major meteor
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showers which have been observed visually, showing their periods of activity,
normal hourly rates, and velocities. Also included in Table 8 are the major day-
time meteor showers which have been observed by the radio-wave technique.
Observed showers which do not seem to occur regularly are not listed in
the table.

It must be emphasized that the whole meteor problem at present is far from
being well understood. Therefore, the numerical results given here must be
viewed as tentative estimates.
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Tabie 8

MAJOR METEOR SHOWERS

Normal Velocity
Shower Date of Maximum Hourly Rate (km/sec)
Showers Observed Visually
Quadrantrids January 3 33 39
Lyrids April 21 8 31
n-Aquarids May 6 12 66
é-Aquarids July 28 10 S0
Perseids August 10 to 14 50 61
Orionids October 20 to 23 15 68
Taurids November 3 to 10 10 27
Leonids November 16 to 17 12 72
Geminds December 13 to 14 60 35
Usrsids December 22 13 38
Daytime Showers, Observed by Radio-wave Technique
{-Perseids June 3 40 28.8
- Arietrids June 8 60 37.6
B-Taurids July 2 30 31.5

Depth of penetration, as calculated and presented in Fig. 38 of this report,
is in close agreement with the penetration depth calculated according to the
theory outlined in a recent paper by Rostocker.

FLIGHT MECHANICS

Only the preorbital phase of flight mechanics will be considered here. In the
orbiting condition the vehicle’s path can, in a sense, be considered as pre-
ordained. Perturbation from the orbit will result from errors in its establish-
ment and from forces external to the satellite-earth two-body system. Initial-
positioning error perturbation is considered under " Attitude Control,” page 71,
and in more detail in Ref. 34. Discussion of the effect of the variation in gravity
potential on the orbit will be found in Vol. I, under “Orbital Properties of the
Satellite,” beginning on page 104.

A consideration of the ascent trajectory determines the value of v (fuel/gross
weight ratio), which has an important effect on the gross weight of the missile.
Such a2 study will be found in Ref. 35. Ascent studies also contribute to the de-
termination of aerodynamic loading and heat-transfer quantities and their
effects on the value of o (structure/gross weight ratio). Furthermore, evalua-
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tion of guidance and control errors is facilitated by the use of detailed ascent
computations. Results of the computations are shown in graphical form in
Fig. 39 on page 71. Discussion here is confined to the assumptions and factors
taken into account.

The calculations of the ascent are carried out by considering the vehicle as
2 mass point under the influence of thrust, drag, and gravity. The Coriolis
forces arising from the rotation of the coordinate system with the earth are
not included in the basic calculations because they are negligible in relation to
the degree of precision required for this report. Many other small effects, such
as the earth’s oblateness, etc., are also ignored. However, it is necessary to cos-
rect for the rotation speed of the earth when the earth-based equations describ-
ing the ascent are transferred to the equations describing orbital motion in
inertial space.

The ascent flight path can be considered to be composed of four segments:
the booster stage, the satellite main-burning stage, coasting to orbital altitude,
and final acceleration to achieve orbital velocity.

The equations of motion used here are essentially the same as those used in
Ref. 36, except that, as mentioned above, the Coriolis force is neglected.

The vehicle is assumed to be launched vertically and, immediately after
take-off, to be steered by the gimbaled rocket motors so as to place it in a zero-
lift gravity-turn trajectory. The rocket motor will be able to control the vehicle’s
attitude in case of gusts, etc. A zero-lift path is chosen 5o as to yield a compro-
mise, reasonably close to optimum, between velocity losses due to gravity and
the counter-varying losses due to aerodynamic drag. In addition to its being
simple to compute, the zero-lift path probably has actual merit in that it mini-
mizes the control forces required in the ascent.

After booster separation, the main, jet-vaned motor of the satellite stage is
ignited, and the vehicle continues to follow the gravity-turn path until sufficient
velocity and altitude are reached. At this point the thrust is cut off and the satel-
lite follows a power-off elliptical path until the orbital altitude is reached.
When it arrives at orbital altitude, the satellite vernier motors are used to pro-
vide the velocity increment required for establishing the vehicle on its drcu-
lar orbit. '

No optimization of initial load factor was made for the study. The choice of
an optimum load factor was determined by the interplay of drag losses, gravity
losses, and bumning time. Initial-load-factor values that are too low are accom-
panied by abnormally high gravity losses, and values that are too high are
accompanied by abnormally high drag losses. In previous RAND studies, both
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for the satellite and for surface-to-surface rocket vehicles, it was found that
an initial thrust weight ratio of about 1.6 was a good compromise, and that ratio

has been used for this report.
' The performance of the satellite vehicle was calculated assuming gasoline-

oxygen as the propellant for the booster stage. A sea-level specific impulse,
I,, of 249.8, which increases to a value of 282.3 above 100,000 ft was employed.
For the second stage, 2 gasoline-oxygen propellant system having a specific im-
pulse of 299.0 (in a vacuum) was used.

The drag coefficient of the booster and final stages was calculated, taking
into account the variation of skin friction with altitude. The booster stage was
assumed to be in turbulent flow all the way, since transition Reynold's numbers
will be reached only during the last several seconds of flight. The satellite stage
was assumed to be in laminar flow for the entire second-stage flight time. The
second-stage drag curve was faired into a constant value of C,=2.20 at an
altitude of about 110 mi, corresponding to free molecular flow.

To determine the ascent path with 2 minimum v value, several trajectories,
differing in pitch angle shortly after take-off, must be calculated. Booster paths
are computed out to a time corresponding to the estimated value of v (0.8).
Second-stage calculations are then continued to a set of times corresponding to
v values slightly less than 0.8. At each of these times, the velocity and path
angle for each trajectory are transferred from the rotating system to an inertial
frame of reference. The velocity, altitude, and path angle in the inertial system
are then used to calculate the elliptical coasting parameters of range, time to
apogee, and velocity increment required at the apogee for circular orbital
motion. Corrections are made for atmospheric drag losses during this coasting
flight. The booster and second-stage v values can be perturbed slightly to give
equal values for each stage. .

A vehicle launched from the vicinity of Fairbanks, Alaska, along the opti-
mum zero-lift ascent path into a 300-stat-mi orbit (inclined at 83 deg to the
equator and retrograde) has a mean ratio (v) of 0.8015. The modification to
this value for any other launching latitude is negligible.

The variations of velocity, path angle, altitude, and range during the opti-
mum power-on ascent are shown in Fig. 4, page 11. The accelerations along
the path due to thrust, gravity, and drag are shown in Fig. 39. The particular
zero-lift ascent which has this minimum v value is one for which the power-off
coasting is about 7000 n mi. Very much larger or smaller coasting distances
will require somewhat larger v values and gross weights. For example, an
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increase of about 6000 Ib in required gross weight will result in a reduction in
the coasting distance to about 3500 n mi. On the other hand, a coasting range
of 10,500 n mi will require a weight increase, namely, 20,000 lb. For the varia-
tion in gross weight with orbit altitude, see Ref. 4.

ATTITUDE CONTROL

Guidance and control of the vehicle during launching and ascent will not
be described here. The guidance method assumed for this report is described
in Vol. I under “Guidance and Control,” page 127, and it will be seen that it
does not depart materially from conventional long-range-rocket techniques.
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Reference 34 contains a detailed analysis of the feasibility of a self-contained
inertial guidance system.

In this section, only the control of vehicle astitude in the orbit will be
discussed. Guidance of the vehicle per se is not pertinent, since normally the
changing of the satellite path from its established stable orbit will not be con-
sidered. Once Placcd in its orbit with the proper velocity, the vehicle will
require no further guidance, for it will pursue its course in true satellite fashion.

However, means must be provided to orient the vehicle about its center of
gravity so that the television viewing system will be ‘stabilized to the vertical,
with the scanning axis lying in the orbital plane, and so that the communication
antennas will be stabilized for command tracking. Stabilized orientation of the
vehicle will also ensure that the auxiliary powerplant radiators will face the
earth and thus be shielded from possible solar radiation and damage by meteors,
although the effects of meteors are felt to be immaterial at this time.

It seems logical to describe the attitude control system in three parts, corre-
sponding to the three main functions of the system—i.e., the perturbation
torques expected, the sensing of vehicle attitude, and the control or movement
of the vehicle to the correct attitude. The over-all system, and the possibilities
of combining orbital and ascent control systems, will also be discussed in
this section.

The information included here is a condensation of material presented in
Ref. 34, a final report prepared by North American Aviation, Inc., under sub-
contract to RAND. North American conducted a Phase One study of attitude
sensing and control for a satellite vehicle. Phase Two work, which includes
some breadboard investigation of little-known phenomena encountered in con-
nection with the previous study, has been continuing at North American, and a
summary report of their findings will be available shortly.

Analysis of Perturbing Torques

The nature and size of torques which act to perturb the vehicle are presented
here. Information on them is useful, since it furnishes insight into rational
design of a vehicle to minimize effects of torques as well as to yield a set of
specifications for the attitude control system.

A number of sources of perturbation have been considered:

1. Equivalent torques of the vehicular angular accelerations caused by
orbital curvature and torsion.
2. Reaction torques from rotating parts.
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Radiation from the vehicle.

Earth's gravitational field.
Gravitational fields of celestial bodies.
Earth’'s magnetic field.

Earth's electric field. .

Atmospheric pressure.

Meteorite impact.

10. Light pressure.

11. Cosmic-ray bombardment.

The estimates of torque magnitudes for some effects are necessarily crude
because of the present lack of exact information on the properties of the
atmosphere at the orbit altitude. Moreover, the results depend to a certain
extent on the vehicle configuration which is assumed. These sources will be
discussed in a superficial way below. Their magnitude is given in Fig. 40.

W ® N

[ I[ IRRLL ISR LA T
| per cent error in balancing-out forques

Orbital ettects T T with itely rotating counterparts

) el 1111 RSN !
Rotating parts 1

RN ERET
Rodiation from venicie 1
Gravitational fietd of earth . Y
(torgue/millirodian ottitude deviation) {
Grovity of celestiol bodies T XSpvinq constant for stable-aftitude sotellite
Mognetic field of earth T
Electric field of sartn I
Atmospheric pressure -
Meteorite bombardment by
{averoge over yeor) -
Light pressure
Cosmic-roy pressure :-.
10 0 0 10*
107 m (dyne- contimeters) :
ket 1 TN NS IS W R | L S AN A U T B W |
1.0 H] 0 80 100 300

Micro - toot - pound

Fig. 40—Maximum estimated attitude perturbation torques

The delicacy of design required of moving components within the vehicle
is made evident by the fact that light pressure is one of the more important
sources of perturbing torques. Rotating parts within the vehicle can cause
perturbation torques either by their acceleration or by their gyroscopic inter-
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action with the pitch velocity. Acceleration is only important in a transitory
sense because the torques produced are not persistent. The following example
will serve to illustrate the magnitude of torque likely to result from gyroscopic
interaction: Suppose that a 1-lb mass of fluid is circulated at, say, 1 ft/sec
through a tube loop having a radius of 3 ft. Suppose, further, that the axis
of the loop is in the pitch plane. The resulting torque is one of the order of
10~ newton-m. Reference to Fig. 40 will show that a persistent torque of this
value would impose considerable strain on a system designed to cope with
smaller torques. Methods for handling such a situation will be discussed under
“Control,” page 80. Also described there will be the interaction of the stable-
platform gyros with the constant pitching rotation of the vehicle.

The motion of the center of mass. of the vehicle cannot directly affect the
vehicle's orientation. A plane circular orbit permits the satellite to keep the
desired attitude without the need for control torques; the departure of the
orbit from this elementary form gives rise to a set of perturbation torques which
act on the vehicle. A perturbation calculation, taking into account the ellipticity
of the earth, has been made by Brouwer.®® Tentative estimates of torques
from this source, based on Brouwer's results, lie in the range of 1 to 5 X 10~*
newton-m (10 to 50 dyne-cm).

There are several principal sources of energy radiation from the vehicle:
heat dissipation involved in the vapor cycle or in the orbital powerplant, dissi-
pation of heat that was previously absorbed from the sun, electronic-component
cooling, and microwave communication with the earth. Since the plane formed
by the vehicle’s longitudinal axis and zenith direction is likely to be a plane
of symmetry, the center of mass and the centroid of radiation area are likely
to lie on or near the longitudinal axis. Therefore, this perturbation torque will
probably be one of pitch, and will probably be persistent in direction.

It can be shown that the stable attitude of the vehicle in its orbit is one in
which the mass distribution of the vehicle lies generally “above” and “below”
the center of mass (i.., like 2 rocket vehicle with its axis vertical). This is
because the mass elements below the center of mass are acted upon more
strongly by gravitational forces than by centrifugal forces (which are just
balanced at the center of mass). The converse is true for elements above the
center of mass. Thus, any perturbation of such an attitude results in a restor-
ing torque.

On the other hand, the conventional configuration in which the longitudinal
axis of the vehicle is along the trajectory is one of unstable equilibrium and
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any small attitude deviation will grow. The unbalance torque per unit angular
rotation experienced for small attitude errors can be estimated by considering
the vehicle to be composed of a pair of equal point masses lying (in the equi-
librium case) along the trajectory. Then, if these masses have earth weight,
W, and distance apart, /, and if the line joining them makes an angle § with
the trajectory, the unbalance torque, L, is

. 3 g

L=§To' We sin 2.

Here a is the earth radius and 7, is the orbital radius. For the case of a 300-mi
orbit, W,=1500 lb, /==35 ft; the unbalanced spring torque is 2 X 10~
newton-m/radian.

This unbalance effect can be removed or reversed, making the desired atti-
tude stable, by a vehicle configuration in which the lumped masses representing
the vehicle lie above and below the center of mass, rather than fore and aft of
the center of mass. The so-calied shoe-tree configuration will accomplish this.

There are two ways in which gravitational fields of celestial bodies may
affect attitude: they may affect it because of their differential attractions on the
various portions of the vehicle (as exemplified by the above) or because they
modify the vehicle’s orbit. Insofar as they affect the orbit, they may affect
attitude indirectly as explained previously. A study by Spitzer in Ref. 39 has
shown that the orbital perturbations caused by the moon and the sun are over-
shadowed by perturbations resulting from the oblateness of the earth. There-
fore, the inference can be made that the equivalent perturbation torques of
these orbit changes are small compared with those already considered.

The earth’s magnetic field will interact with the satellite through the perma-
nent magnetic moments of internal components and with any fields arising from
the operation of electrical equipment. Additional torques will arise from the
eddy currents induced in the various conductors which comprise the vehicle. All
of these effects are difficult to appraise before a complete configuration is
given; further, they are amenable to design. For example, it is fairly simple to
reduce the effects of eddy currents by breaking the shell of the vehicle with
one or more insulated strips in order to destroy any possible large paths for cur-
rent loops.

Despite the tenuous atmosphere at the expected orbital altitude (560 to
800 km), the satellite will encounter a certain air resistance, which may be
characterized as that due to atmospheric pressure. In a normal attitude, with
an axis of symmetry along the trajectory, the effect of this resistance will be
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purely to decrease the satellite’s path speed so that it will not give rise to any
attitude-changing torques.

There seems to be no simple way to calculate a quantity for travel through
an atmosphere of such low intensity that each molecular contact involves a
collision problem. However, estimates have shown aerodynamic effects on
attitude to be negligible.

As the satellite moves along its orbit, it will encounter meteorites. Those
which produce a significant impulsive torque on impact are rare. The corre-
sponding expected impulse will be of the order of 2X10~* newton-m/sec. An
impulse of this size is significant, but since it will occur only once a year on
the average, it may represent only a transient disturbance of the vehicle.

Radiation from the sun—the principal source of radiation falling on the
vehicle—falls on the outer limits of the earth’s atmosphere at the rate of 1.93
cal/em*/min. The light pressure may be considered to act uniformly over
the maximum area of the vehicle projected onto a plane normal to the instan-
taneous line of sight to the sun. The following sample calculation will serve to
illustrate the magnitude of the perturbation torque: Assume a 100-ft* area
having a centroid displacement from the center of mass of 115 ft, and assume
that the sun is directly overhead. The torque will be equal to 6X 10~ newton-m.
This perturbation torque can be removed entirely by changing the configuration
so as to have appropriate geometric symmetries about the center of mass, e.g.,
by changing the configuration to a sphere or cylinder.

Data currently available*” on the upper atmosphere indicate that the
energy of cosmic-ray bombardment at the satellite may be of the order of
2 bev/cm’/sec. This energy is small, so that even if the cosmic rays were
completely reflected, their bombardment effect would be insignificant com-
pared with that of the light rays from the sun.

Sensing of Vehicle Attitude

A number of possible ways of sensing changes in vehicle attitude have been
considered by RAND'*’ and by North American Aviation, Inc.*” Of these one
system appears to be quite straightforward and was selected to be used as an
example in this report.

Briefly, the sensing system assumed takes on a conventional aspect inasmuch
as a gyro-stabilized platform is provided to erect a vertical within the vehicle.
Vertical detection is provided by an optical horizon scanner mounted on the
platform (see Fig. 41). (The vertical detection is, of course, used for pitch- and
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Fig. ll—Schemotic of attitude control system

roll-control purposes.) Yaw sensing is provided by the azimuth gyro func-
tioning in a fashion analogous to a .gyro compass but detecting the orbital
rotation instead of earth rotation, as is ordinarily the case.

Essentially the horizon scanner is a device that detects the location of the
horizon of the earth. The earth is presented to the vehicle as a disk, and
determination of the center of this disk yields the instantaneous vertical. The
device assumed here is a telescope pointing in the general direction of the
horizon and is thus at a more or less constant angle with the vertical. It is
mounted on the stable platform and uses an infrared photo tube for detection.
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The telescope rotates about the vertical axis and traverses the periphery of the
horizon in about 1 min. At the same time, a small higher-frequency nutating
scan is superimposed on this traversing motion. This is accomplished by, say,
rotating a mirror at 1 rps so as to give a small angular (=3 deg) deviation from
the pointing direction of the telescope. Thus 2 field of view varying sinus-
oidally about the horizon as a datum is provided.

Considerable work has been done on horizon detection for aircraft use.
It is known that sufficient radiation exists at the satellite altitude (although
its exact value is not known) to make 2 similar kind of horizon sensing system
operable. In making this application the principal problem lies in the develop-
ment of a sensing system of minimum weight and power consumption that
will give correcting signals over a wide angle of attitude deviation.

The kind of horizon-scanning system which might be used for the sensing
of the vertical is contingent upon the operating requirements demanded of it.
One of the first questions to be considered is whether operation in daylight
alone will suffice, or whether operation at night as well will be required.

If a conventional configuration is used for the vehicle, and a horizon scanner
is permitted to cease operation during the satellite night of 50 min, then a
continuously applied torque of 10~ newton-m will result in the accumulation
of an angular error of nearly half a radian during the unsupervised period.

There exist alternatives to continuous operation or to operation unassisted in
daylight. The one assumed here is one that will maintain the vertical by means
of a gyro at all times. The horizon-scanning system will be considered as a
long-period monitoring system (when it receives radiation between two preset
intensity levels) which will supply torque changes to gyro torquers to prevent
the gyro from drifting away from its desired orientation. The supplemented
gyro system resembles, in some respects, a stellar supervised inertial autonavi-
gator system, but it is considerably less complex than the latter. :

Considerations of suitable types of sensitive elements, and the justification o
assuming infrared radiation, are given in Ref. 42. A number of different
detectors appear feasible, including, for example, a standard 1P-21 photocell.
The specific choice will be one of the more important problems involved in the
design of the horizon-scanning system.

Yaw sensing is assumed to be accomplished by a gyro mounted on the stable
platform and constrained so that its axis of rotation remains parallel to the
horizontal as computed by the vertical detection scheme described above. Thus,
the gyro axis can move only in the plane of the tangent instantaneous to the
orbit path. Under such circumstances interaction of the gyro rotation with the
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movement of the vehicle in its orbit path will cause the gyro axis to align itself
normal to the orbit plane. Angular deviation of the vehicle heading from the
orbit plane is defined as yaw.

The logic of the yaw gyro can be demonstrated by analogy with the gyro
compass used in terrestrial navigation. If a gyro is placed on the earth’s surface,
and is gimbaled so that it can move only with its axis horizontal, a north-south
orientation of the gyro axis results. Thus, the gyro senses the axis of the
earth's rotation. .

The gyro required for yaw detection will be one that is fairly small ( weighing
about 2 pound) and will take little power (~ 5 watts). It is believed to be
reasonably determinant in development.

In case either the horizon scanner or the yaw gyro proves to be unsuitabie for
attitude sensing, other methods exist whereby this sensing can be accomplished.

In examining such methods, it is convenient to divide them into mutually
exclusive and exhaustive classes. For example, they can be classified according
to whether—

1. Observations are made entirely within the vehicle structure; or

2. Observations are made from the vehicle upon ambient field vari-
ables; or ,

3. Observations are made from the vehicle upon the earth or upon celes-
tial bodies; or

4. Observations are made from the earth upon the vehicle or upon signals
from the vehicle.

The second classification, for example, will require a means of sensing the
only non-zero effective gravitational field at the vehicle caused by the differen-
tial radial distances of the various vehicle elements from the instantaneous
center of gravitational force. Only observations of small gravitational field
differences are possible, and the instrumentation problem is difficult. A small
pendulum suspended by a quartz fiber is within the realm of possibility. As
such, it will incorporate many of the features of instruments used in gravi-
metric measurements. :

As criteria on the choice of sensing methods, it should be noted that the
following procedures are to be avoided in general:

1. Use of a time standard, unless supplemented by a correction system.
2. Methods which require a close knowledge of the orbit prior to
launching.
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3. Communication of attitude information between ground and satellite.
4. Schemes requiring extensive navigational computation within the
vehicle.

Control -

The means of maintaining proper vehicle attitude may be defined as the
muscles of the control system. The sensing units provide knowledge of the
proper heading in pitch, yaw, and roll and of the angular changes which the
vehicle must undergo. In general, the signals from the sensing units will origi-
nate in gimbal angle pickoffs; from the yaw gyro directly; and from the stable
platform for pitch and roll. The attitude control will then be effected through
a servo system registering these signals.

A number of control methods are apparent. In general, almost any effect
which can cause perturbation torques can also be used to obtain control torques.
Some of the control methods are |
Reaction gyroscopes.

Acceleration wheels.

Changing the moment of inertia.
Jet reaction thrust.

Radiation from the vehicle.
Gravitational field of earth. -
Magnetic field of earth.
Atmospheric pressure field.
Radiation incident on the vehicle.

The first four items are felt to be amenable to reasonable engineering treat-
ment, although the jet reaction thrust (item 4) would probably be useful only
for coarse control on occasions. Changing moment of inertia (item 3; exempli-
fied by a falling cat righting itself) is not considered here because of com-
plexity of design, particularly in providing control about a single axis.

A system of control based on the use of acceleration wheels (item 2), or
“flywheels,” has been proposed*’ and is assumed for this report. Such a system
has a much simpler structure than that of the reaction gyros (item 1), since it
consists of only three flywheels (Fig. 41)—their axes rigidly constrained along
the three principal axes of the vehicle—and of a means for accelerating these
wheels about their respective axes, i.e., torques applied by the vehicle structure
to the wheels. The reaction torques of the accelerating wheels act on the vehicle
frame and provide the desired control torques. The control torque impulses
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which can be realized with such a system are limited only by the maximum
angular momentum which can be stored in each wheel.

This method is of considerable interest, being apparently feasible, relatively
simple, and able to provide a finely damped control to the vehicle.

When the flywheel system is used, a vehicle angular displacement of 4, de-
grees, with a momient of inertia of the vehicle about that axis of I,, will require
a corresponding angular travel of the flywheel about that axis of 6, =14, /1,,
where ], is the moment of inertia of the flywheel. Angular velocity and accel-
eration equations are similar, being, respectively, -

I6,=140,
and
IPéP = Ivév’

provided, in all cases, that motion about the other two principal axes of the
vehicle is negligible. Since this will not be the case, the problem becomes some-
what complex, and to accommodate the cross-product terms that will ensue,
a small computer will be needed.

There are two problems which must be discussed in connection with the
acceleration wheel system. First, Can sufficient momentum be stored by these
wheels to provide a control torque adequate to compensate all expected per-
turbation torques? Second, What are the control equations which should be
used to determine the required control torque in terms of the sensed attitude
deviation? Both are discussed in Ref. 37.

It is shown there that wheels of reasonable maximum angular velocity and
size will afford sufficient momentum storage capacity to provide the required
controlling torques in roll and yaw. This is partly due to the fact that there
will be no persistent torques acting to perturb these attitudes, so that the
average angular momentum control required over a long period of time is zero.
Thus, only the total torque impulse over half of an orbital revolution need be
stored at any one time. On the other hand, in pitch there will be small per-
sistent torques, the control of which will require a constant wheel acceleration
over an entire year, with a consequent excessive wheel velocity. This will be
discussed next.

Reaction gyroscopes (item 1, above) of a sort will be present in the vehicle
even though this system is not employed specifically for control. For example,
the stable platform must be continually kept in a plane tangent to the orbital
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path and thus must be continually rotated, with respect to inertial space, the ro-
tation period being equal to that of the orbiting vehicle. A constant torque must
be applied to the pitch gyro to accomplish this relative motion, and this means
that an equivalent backward torque is applied to the vehicle. This latter torque
1s persistent, as was mentioned above, and measures must be taken to correct it.

It has been suggested that this backward torque be corrected by periodically
flipping the pitch gyro back an integral number of rotations corresponding to
the number of satellite orbit periods undergone in the time interval for which
this correction is made. This same flipping technique can be applied not only
to the pitch gyro, but to the other two gyros to account for build-up of per-
sistent torques.

The wheel design for the flywheel system will be influenced by such impor-
tant factors as

1. The adverse effect of low atmospheric pressure on heat transfer,
unless the system is subjected to some environmental control.

2. Evaporation of lubricants and impregnants at low pressure and
high temperatures.

3. The absence of gravitational forces, which reduces bearing loads.

4. The requirement of an operational life of 1 year.

A compromise must be made between the weight of the wheel and its spin
velocity. Small wheels at high spin velocity will have increased probability of
spin bearing failure, whereas heavier wheels may exceed weight and space
requirements and place large loads on their supports during the trajectory
acceleration phase. If the dimensional relationships of the wheels of the North
American Aviation Mk-1 gyro are maintained, 8-kg wheels running at 2000
rpm will satisfy the maximum angular momentum requirements of the example.

Integration of the System

Having outlined appropriate types and characteristics of the components of
the attitude control system, it is pertinent to discuss the system in general and
the applicability of present techniques. As was mentioned previously, it is
believed by North American Aviation personnel®" that the roll and pitch gyros
for the stable platform and the yaw sensing gyro (two units back-to-back as in
the Navan gyro) can be patterned after present missile-guidance-component
developments. For instance, the yaw attitude accuracy tolerance is of the order
of 1 deg, and a gyro having an accuracy of 1 deg/hr will suffice.
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The component requirements of the stabilized platform for ascent guidance
so closely parallel those for orbital attitude control that considerable integration
of the two systems appears feasible. Also, some portions of the computers in
the two applications can probably be combined. During the ascent, to the end
of second-stage boosting, the attitude of the vehicle will be controlled by rocket-
motor forces. However, it is probable that, in the long coasting period that
follows, the orbital flywheels can be employed to maintain attitude. The short
burst of thrust needed just prior to orbiting will be effected by small rocket
motors, which will be gimbaled for control purposes. Any excessive rotational
speeds accumulated by the flywheels can be corrected at this point. Power for
the guidance and control system will be provided by the auxiliary power supply
during the boosting period as well as while the vehicle is on orbit.

With the above specifications in mind, it is possible to determine the approx-
imate weights of the components that will be used. No additional allowance
need be made for power supply, since the orbital auxiliary powerplant will be
operating at all times.

The stable platform, including the yaw gyro, will weigh 50 lb. The main
computer, which is used during ascent (and also while the vehicle is on orbit),
will weigh 60 Ib, and the additional smaller computer to solve control require-
ments arising from cross-coupling gyroscopic moments will weigh 30 Ib.

The acceleration wheels will each weigh 40 Ib—a total of 120 lb. The addi-
tion of 20 Ib for the horizon scanner will bring the total attitude-control (and
ascent guidance) weight to 280 Ib.
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GROUND OPERATIONS

S8me of the more detailed design problems arising in conjunction with the
operation of the entire Feed Back system will be described in this section. In
order to support, but not duplicate, the material in Vol. I, a series of selected
thoughts, suggestions, and comments are presented.

COMMUNICATION LINK

Figure 42 shows, in schematic -form, the elements of the system and the
communication links between them, as discussed in Vol. I. It will be sufficient
to concentrate the bulk of analysis, and the direction of the over-all intelligence
operation, at a center in the Zone of the Interior (ZI) and to provide a long-
range communication net for contact with the outlying ground station. An air
courier service will transport the bulk of the reconnaissance information from
the ground station to the center.

A communications station such as that shown in Fig. 42 is designed to
perform all functions of communication between the satellite and the ground
and for the transmission of received information to headquarters. Transmission
of data from the vehicle, and control of vehicle operation, are carried out by a
system such as that diagrammed in Fig. 43. One or two ground stations are
anticipated, so that periods of several hours will sometimes elapse between
contacts with the vehicle. The ground facility should eventually be capable of
handling several vehicles simultaneously.

Programming

Vehicle instrument readings will be handled along with the television signal;
i.e., they will be stored on tape or directly transmitted, depending on the
vehicle’s location. These instrument readings will include such auxiliary data
as gimbal angles, vehicle clock time, etc., and can be used for subsequent
vehicle accessory control, as well as for proper interpretation of television
information. Vehicle-control needs can be determined ahead of time and a
program can be set up by command from the ground during the short part of
the vehicle’s flight near the ground station.
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Tracking ontennc

Fig. 42—Elements of the communications system

A programmer in the vehicle will consist of two parts: a clock having a
short-term precision of the order of a second per day; and a memory device
having a storage capacity of the order of 20,000 bits, a retention of 1 day, and
an access time of the order of a second. An adequate clock can be built easily,
on the basis of present-day techniques, from a tuning-fork oscillator with
electronic and electromechanical counters to scale out the required time inter-
vals. A satisfactory memory device can be made from a small loop of magnetic
tape or from a small magnetic drum which rotates about once per second. Use
of a magnetic unit here will give permanent retention, if necessary, as well as
quick access and complete flexibility. A program established during a command
cycle may also be read back and checked for correctness at the ground station
in a relatively short period of time.
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Main Signal Storage

The data-storage mechanism in the television reconnaissance vehicle may
limit the bandwidth performance of the whole system. A bandwidth of 10 Mc,
consistent with other elements in the chain, probably can be achieved by inten-
sive effort. The 10-Mc bandwidth will also meet most of the requirements of
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electronic reconnaissance (see “Other Satellite Applications,” page 99), as
distinct from television reconnaissance, on a much simpler basis than would
narrower bands. Magnetic tape seems to be the most logical storage medium at
present, because it retains its information until erased, and yet it can be érased
and reused. Multiplex systems use a number of channels on a single tape and
should be compared with other possible techniques of distributing th® informa-
tion over the surface of the tape so as to use the resolution properties of the
tape to best advantage. If each resolvable element on the ground corresponds
to a resolvable element of the order of 0.001-in. diameter on the magnetic film,
covering 10" elements per second would require only 10 in.’ of tape per second,
against more than 400 in.’/sec for the most promising present techniques.
There are, therefore, some fundamental improvements possible in the field.

Transmission

In design studies to be undertaken before development for final application,
the nature of the television system and the data-storage device should be
considered, and the transmitter design should be integrated carefully with the
requirements of these two devices. If, for example, the television and storage
devices both operate on a multiplex basis, with several independent channels,
it may prove practical to use several small oscillators to operate the transmitter
in place of a single oscillator of larger power. Problems involved in this choice
must be balanced against those of multiplex operation of the larger oscillator.

The command transmitter (ground based) can be designed to operate in the
X-band with a frequency displacement from that of the vehicle transmitter
which is determined by the fixed displacement in the vehicle (between the
transmitter and receiver frequencies) and the doubled doppler displacement
at the time of command transmission. Doppler shift can be easily computed
by a parallax computer and can be used to control a variable-frequency oscillator
which runs at the fixed displacement of the vehicle plus twicé the doppler
shift. This oscillator can then be heterodyned against the frequency of the
received transmission to produce a frequency for the command transmitter.
As an example, suppose that the data transmitter in the vehicle has a frequency
of 9750.000 Mc when the vehicle is coming toward the ground station at
4 mi/sec radial speed; this frequency is seen at the ground station as 9750.136
Mc. If the fixed difference between the transmitter and receiver frequencies
in the vehicle is 200.000 Mc, the ground computer operates an oscillator at
200.272 Mc, which, when heterodyned against the received frequency of
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9750.136, gives a difference of 9549.864 Mc. This frequency, transmitted from
the ground station, arrives at the vehicle as 9550.000 Mc, which is the center
frequency of the command receiver in the vehicle. Such a frequency computation
will help to ensure contact with the vehicle and will increase the security of
the command link by providing a method of using a relatively narrow-band
space-borne receiver in spite of the doppler shift.

Antenna and Control

A frequency separation of 200 Mc between transmitter and receiver, as
suggested above, together with the transmitter stabilization to less than 0.1 Mc,
,means that waveguide filters can easily separate the frequencies and that the
remainder of the components can be made wide enough to pass both with
negligible difficulty. If transmitter studies show that it is possible to package
the radio-frequency sections of the transmitting oscillator and/or receiver on
the back of the antenna system, the mechanical apparatus may become some-
what more complicated, but the radio-frequency ducting will be considerably
simplified.

On receipt of orders from the programmer, antenna controls must position
the reflector to an accuracy of about 1 deg with respect to the vehicle frame.
Vehicle antenna motions probably should be slow rather than abrupt, and the
angular momentum of the rotating antenna should be balanced by the angular
momentum of the control motor rotating in the opposite direction, so that the
net reaction on the vehicle control system will be kept small.

Maximum angular tracking rates of the ground antenna, if patterned after
radar mounts, will be 1 deg/sec or less. It is therefore suggested that the fixed
axis of the tracker be horizontal, and that a movable axis at right angles to
the fixed axis carry the large reflector. Mechanical problems of a large reflector
of 20-ft diameter or so are not great. For example, the tolerances on the 50-ft-
diameter reflector at the Naval Research Laboratory are considerably tighter
than those on the antenna assembly proposed here. A tracker can be housed in a
spherical rubberized-cloth radome similar to that used on the AN/CPS-6B
radar set, so that no serious climatization problems will occur even in arctic
operation. Radio-frequency components of the ground transmitter and receivers
can be mounted on the back of the reflector, as is done in the space craft. The
antenna control motors will move the antenna in its coordinate system in
fesponse to a program set up by the orbit predictor and corrected by the track-
error detector.
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Associated Equipment in Communications Station

Prediction of the orbit for a day or several days in advance may be required
for operational planning. To accomplish such prediction, information on the
existing orbit is required for control of the antenna; information on the past
motions of the vehicle is required for data interpretation. These needs suggest
that the orbit computer and predictor contain two storage units for the accom-
modation of present and future orbit information, and that records resulting
from the correction of the present orbit record based on tracking information
be prepared for use in the data presentation and display units. Of the current
methods of storage, probably the most satisfactory is the digital printing of
numbers on magnetic tape. An orbit computer is required to evaluate the
parameters of the orbit and to use these parameters to predict the future c.i.it.
It must also compute parallax between the orbit and the station position and
between the orbit and any other selected point on the earth as a function of
time in order to control the tracking antenna and to provide interpretation data.

A programming unit in the ground station is the point at which operating
decisions are put into the system. It includes a presentation device that shows
the locations of the vehicle being directed at future times of interest, together
with its path and estimated coverage pattern; a keyboard for formulating
instructions for the vehicle; a storage device to hold the instructions for later
transmission; and a device that is used to check the prepared instructions, as
well as the instructions which are repeated back from the vehicle, for possible
errors. since failure of this operation may cause loss of future contact with the
vehicle and result in failure of the mission, or at least necessitate a separate
search and recovery procedure.

The frequency control and command transmitter required for transmission
of orders to the vehicle takes computed doppler frequency from the orbit
computer, vehicle transmitter frequency from the receiver, and a fixed-frequency
difference from a built-in crystal oscillator and generates 2 command signal,
on the correct frequency, which will enter the pass-band of the command
receiver in the vehicle. Command transmission involves a relatively small
amount of information; therefore, the bandwidth need not be great, and the
modulation method is chosen for reliability and freedom from noise or inter-
ference under actual conditions, rather than for maximum-information capacity
of the circuit under ideal conditions.

Display for television will conceivably involve three classes of equipment:
Immediate inspection of returned data, in order to derive weather information,
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will require the use of a photographic mosaic device having 2 large sheet of
film and operating in parallel with the detail data storage to mosaic the
rerurned information on a scale convenient for cloud inspection. Film from this
device can be developed rapidly after each pass of the vehicle, and the resulting
strip mosaics can be laid on a map of proper scale to provide a daily mosaic
containing all of the cloud pictures available. This mosaic will be inspected by
weather specialists at the ground station, and the resulting weather information
will be sent by radio, arriving several hours in advance of the air courier.

The same presentation will show, by elimination, the locations 1n which
detailed photographic interpretation is possible. A second presentation device,
constructed on the basis of the weather mosaic strip, can be used to prepare
mosaics of the useful areas on a somewhat larger scale for preliminary inspec-
tion of terrain features. This second device will present several scanned strips,
thereby permitting small areas to be selected which can be inspected minutely
for detailed information.

A third presentation device, using the interpretations gained from the second
set of pictures, will select individual television frames or other small areas for
detailed presentation. This device can be made to operate automatically, on the
basis of coordinate assignments, to prepare the desired photographic prints,
or it can be designed to transfer the data from the master tape to 2 number of
small loops that can be played back repeatedly in cathode-ray tube units to give
still pictures of long duration. An advantage in using these latter viewing scopes
is that the interpreter can vary contrast and light level of his material at will.

LAUNCHING CONSIDERATIONS

Some of the additional launching considerations too detailed for inclusion in
Vol. I will be given here. Figure 44 shows the estimated time scale of the
various launching operations, many of which have been described previously
and a few of which are similar to procedures encountered in a conventional
rocket firing. The total of 4 hr is based on a trouble-free take-off. As is custo-
mary, the count-down will be held stationary while any unforeseen adjustments
are made. Launching should take place within about an hour of the scheduled
time, since the orbit plane will be affected. If this cannot be done, then
launching should be held over until the following day, at the same solar time. A
series of such one-day delays can be absorbed without appreciable effect on
the final result.

In general, equipment within the vehicle will be preheated to anticipated
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Fig. 44——Prefiminary estimate of Feed Back iaunching operations

orbiral operating conditions and will be maintained thus for a sufficient length
of time to allow temperatures to approach equilibrium. After preheating, the
system will be monitored for steady-state behavior before launching. Guidance-
component alignment will be completed by setting the time program at zero
and checking all system outputs for proper initial values. The azimuth gyro
can be aligned and monitored by observing a mirror through an observation
port in the final stage by means of 2 ground-mounted optical fixture. To achieve
the desired accuracy in azimuth (about 0.1 deg), this monitoring and alignment
should continue until at least 15 min before launching.

While the vehicle is on the launcher, the guidance-compartment temperature
tolerance is not severe, being of the order of 20° to 30°F; however, some small
components will be kept within 1°F of a specified temperature by means of
vacuum insulation. All electronic components will be encased in evacuated con-
tainers to approximate design conditions, During the prelaunch checkout, pro-
vision must be made to cool operating electronic components by means of an
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external unit mounted on the workstand. The orbital cooling system for the
guidance compartment must also be checked before the vehicle is launched.
It may be desirable to pack dry ice, or some other expendable coolant, around
equipment subjected to heat during operation of the rocket powerplaats.

Ground Operations—Rocket Powerplants

Since the first- and second-stage rocket powerplants will have been thoroughly
tested prior to installation in their respective sections and shipment to.-the
launching base, there is no requirement for static test facilities at the launching
‘base. Each motor will be tested at full thrust at facilities in the ZI, where it
will be cleaned, purged, treated for corrosion prevention, and installed in the
proper airframe section, which will, in turn, be packaged for shipment. Each
propulsion system will be given a cold run (using water instead of propellants)
at the launching base as a final check for leaks and for the functioning of
valves. injectors, and cooling systems.

On the launcher, the booster rockets will be armed and started in 2 manner
similar to present-day rockets. involving a sequence of events such as the
following: After fueling is completed, links are installed in each thrust cham-
ber; these links rupture when the igniters are burning properly. Starting is
accomplished in two stages—preliminary burning and full burning—by an
automatic sequencing control system. First, the propellant tank vent valves
are closed, the tanks are pressurized, and piopellants are valved to the igniters.
which begin to burn, rupturing the igniter links. The main propellant valves
then open partially to allow preliminary burning to begin. After proper com-
bustion is obtained, a second automatic sequence begins, which starts the gas
generator to supply hot gas to the turbines. When pump pressures reach a
preset value, the main propellant valves open to allow full burning to begin,
and the launching is completed.

Propellant Storage and Handling

Approximately 11,000 gal of liquid oxygen (LOX) and 7500 gal of special
gasoline will be required for each vehicle. Since the launching rate will probably
not exceed one or two vehicles per month, propellant storage requirements will
be minimum. One standard railway tank car can store enough gasoline of the
type required for one vehicle. Enough LOX for one vehicle can be stored for
as long as a month in two special railway tank cars equipped with vacuum-
insulated LOX tanks having a loss rate of less than 0.5 per cent per day. To
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reduce propellant handling and attendant losses it may be desirable to fuel
the vehicle directly from these tank cars. An auxiliary LOX trailer of approx-
imately 500-gal capacity will be provided for the topping of the vehicle LOX
tanks shortly before launching. The usual precautions for handling these pro-
pellants will be observed, including protective clothing and the elimination of
spark and contamination hazards.

Table 9 lists the general type of equipment required to assemble, test, trans-
port, and launch satellite vehicles. Quantities are not given, since they depend
on the launching rate; however, one item of each type listed, plus spare parts,
will probably suffice for launching as often as once per week. Government- and
contractor-furnished items are not differentiated.

Table 9

EQUIPMENT REQUIRED TO ASSEMBLE, TEST, TRANSPORT,” AND LAUNCH
SATELLITE VEHICLES

ASSEMBLY EQUIPMENT

Assembly dollies for the three main sections (satellite, booster tank, booster propulsion)
Beams and slings for hoisting main sections and assembled vehicle
Crane, overhead or mobile, for hoisting main sections or assembled vehicle
Test equipment for satellite communications and reconnaissance system, including
Television camera
. Optical scanner
. Antenna and control
. Command receiver
. Transmitter and modulator
. Programmer
. Data storage and playback
. Switches and relays
5. Test equipment for auxiliary powerplant, inciuding
a. Heat cell
b. Radiator, condenser, boiler
¢. Pumps and valves
d. Engine and generators
6. Test equipment for guidance system, inciuding
a. Ascent control system
&. Orbital attitude control systern
¢. Horizon sensing system
7. Test equipment for propeliant feed system
8. Unit—propetlant tank and feed system purging and pressurizing
*9. Unit—electronics ground cooling
#10. Unit—auxiliary powerpiant preheating and circulating
*11. Generator set—external power supply
12. Umbilical set—external power supply
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*These items can be portable for use in the prelaunch checkout.
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TABLE 9—continued

TRANSPORTING EQUIPMENT

1. Trailer—sateilite transporting and erecting
2. Truck-tractor—satellite prime mover

LAUNCHING EQUIPMENT

Platform—Ilaunching

Workstand—prelaunch, truck mounted

Test equipment—prelaunch monitoring

Panel——rocket starting and launching

Unit—auxiliary powerplant preheating and circulating
Unit—electronics ground cooling

Generator set—external power supply

Unmbilical set—external power supply and launching control
Fixture—azimuth gyro alignment

Trailer—main liquid oxygen servicing and storage (or tank car)
. Trailer—auxiliary liquid oxygen servicing

. Trailer—gasoline servicing and storage (or tank car)

. Trailer—high-pressure gas servicing and storage

. Vacuum pump—diffusion type

. Ground tracking equipment—optical

. Ground communications equipment

® MO b

— o et et e s
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ALASKA AS A LOCATION FOR FEED BACK FACILITIES

One of the interesting locations for both the launching and the communi-
cation facilities is the north-central region of Alaska. Some of the factors
involved in the construction and operation of these facilities are discussed below.
Fairbanks and Point Barrow have been chosen as representative locations in this
area, since they differ markedly in regard to accessibility and development.'*"

Transportation in Alaska

Transportation methods in Alaska may be listed in the order of their
importance: air, coastal and inland water, highway, and railroad. Air facilities
are plentiful, and lake and river areas serve as landing bases for float-type
aircraft in the summer and for ski-equipped craft in the winter. There are
numerous ports suitable for docking ocean-going cargo vessels, but most of
these are closed by ice from November to April. The more northern ports and
landings, such as Point Barrow, are usually open to boats from July to Sep-
tember only. Inland waterways afford access to central and east-central Alaska,
by means of river steamers, during 5 months of the year. The Alaska highway
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connects Fairbanks with Canada and is kept open all year. Although there is
an improvement program under way, this highway, as of 1950, was mostly
gravel or crushed rock and was very rough during the winter. A typical second-
ary highway runs 162 mi from Fairbanks to Circle and is 2 gravel road 10 to
18 ft wide. This road is closed from November to May except for the first
30 mi; it is very dusty (or muddy) and has steep grades and sharp turns which
make it hazardous to traffic even when it is open. The only standard-gauge rail-
road in Alaska runs 470 mi from Seward to Fairbanks over rugged terrain. This
railroad is kept open all year and is equivalent to a second-class line in the
United States. It is clear, then, that air transportation is the only method which
reaches all areas of Alaska at all times of the year.

Communications

The Alaska Communication System, operated by the Signal Corps, provides
the only landline telephone and teletype channels of any consequence, running
from Seattle to Fairbanks. Areas to the north and east of Fairbanks rely on
radio for all long-distance communications.

Weather

Average year-round weather at three locations in Alaska is rated from the
standpoint of operating conditions in Table 10. There is no significant differ-
ence in over-all weather at these locations, widespread as they are; therefore,

Table 10

OPERATIONAL RATING OF WEATHER AT THREE ALASKAN LOCATIONS
(1 = best, 3 = worst, for Feed Back operations)

Anchorage  Fairbanks  Point Barrow

Mean minimum teMPEratlre. .. ... c.ocvoee o 1 2 3
Absolute minimum temperature.............-- 1 3 2
Mean Precipitation. .. ......c.cocvesiaoavncens 3 2 1
Mean number of days with precipitation. ....... 3 2 1
Mean number of days with snowfall. ........... 3 2 1
Mean number of days with 6-in. snow.......... 1 2 3
Surface winds (none extreme)...............- 2 1 3
Mean number of clear days.................. 3 2 1
Mean number of days with visibility less then

b2 ¥ PRI P 1 2 3
Mean number of days with morning fog........ 1 2 3
Mean number of days with ceiling <1000 ft and

visibility <2¥o mi ...oviveiiiiiiiananaans 1 2
Thunderstorm frequency. .......ccvvvieaecnanns 2 3 1



the choice of launching and communications sites will probably be made on
some basis other than weather. ‘
Point Barrow has the following characteristics as a launching or commun-
ications site: '
1. Minimum hazard from launching test or operational vehicles on head-
ings >>260 deg or <90 deg.
2. High latitude good for maximum communication with vehicle.
5. During winter, is accessible by air only; present landing facilities would
have to be improved for aircraft larger than C-54. ’
4. No landline communications at present.

Fairbanks has the following characteristics as a launching or communi-
cations site:

1. Rail and highway connections, although air transport would probably
be preferred.

2. Well-developed air base facilities.

3. Landline telephone and teletype connections with the United States.

4. Launching NNW (as for an 83 deg orbit) would be over very sparsely
populated area, although Fairbanks is inferior to Point Barrow in this

rcspcct.
Construction

Scheduling of base construction in Alaska should take into account the
weather and transportation factors which limit the available construction time
during the year. At Point Barrow, for example, excavating and earthwork are
feasible for only 2 to 3 months. If construction materials are delivered by boat
to Point Barrow, only a 3-month working period remains before winter sets in.
This may be extended to 5 or 6 months if materials are delivered earlier by air.
In any event, if planning, procurement, and shipment are carefully timed, and
if prcfabricatcd structures are used wherever possible, the construction of
communications and launching facilities can be completed within 1 year. Previ-
ous experience has shown'** that Loran and radar installations can be built and
operated along the northern coast of Alaska, and it is believed that the problems
of construction and operation of Feed Back communications stations will be
similar to those experienced in building and operating the Loran and radar
installations.
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OTHER SATELLITE APPLICATIONS

Quite a few possibilities present themselves for satellite application. Among
the more obvious, and one seriously discussed by various Air Force scientific
personnel, is the use of the satellite to conduct medical and biological experi-
ments in the fields of no gravitation and intense cosmic rays.

The use of a satellite as a communication link has been considered informally
—e.g., as a possibility for Naval application. Here the vehicle would serve
as a repeater station so that, during periods in which radio silence was dictated,
transmission could be made to the vehicle for rebroadcast without disclosing
the position of the original source. To cite another example, satellites may be
useful to relay low-altitude reconnaissance data from missiles flying deep into
enemy territory.

Two general applications of interest will be discussed in some detail in this
section: electronic intelligence and scientific research.

ELECTRONIC INTELLIGENCE

A RAND study of the problems of electronic reconnaissance of the Soviet-
dominated part of the earth"**’ has shown that geographical and radio-prop-
agation conditions combine to prevent collection, by conventional means, of
any information from very large areas of the interior on radio frequencies above
30 Mc. Both communications and technical radiations (such as radar signals)
which occur at higher frequencies are concealed from our observation by the
curvature of the earth. The satellite vehicle offers a very valuable opportunity
for sampling these signals, determining the signal characteristics, and gathering
useful communication intelligence data.

The exact design of satellite equipment for this process need not be specified
at present, because there is ample time for the development of the specialized
equipment during the later stages of development of the vehicle itself, and
conditions and requirements as well as electronic techniques will change
considerably during this period. It is possible, however, to show some of the
basic limitations on the process and to illustrate these limitations by an example.
This example is considerably less detailed than the television discussions that
have preceded it, although the end use of the satellite vehicle for electronic
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reconnaissance may approach the television use in importance. Electronic recon-
naissance in general is much newer than pictorial reconnaissance, and many of
its possibilities remain to be explored.

A vehicle designed for electronic reconnaissance in the broad sense will have
to be designed for some specific purpose, as the field is so wide that a single
design cannot encompass any large variety of purposes. The useful range of
radio frequencies in which we are interested runs from 30 Mc to 30,000 Mc,
and within that range a satellite vehicle can at some point receive several
hundred simultaneous transmissions. The equipment design, therefore, must
emphasize the attainment of the highest practical number of separate channels
to handle information. Ground transmitters of interest in this intelligence pro-
gram have peak effective radiated powers ranging from a few watts to several
thousand megawatts. At one end of this range, the vehicle receiver needs a
high-gain antenna system, a narrow bandwidth, and a high sensitivity to secure
the needed information; at the other end, it requires a low-gain antenna system,
a relatively broad bandwidth, and careful design to avoid saturation. The
various power ranges are mixed throughout the frequency range, so that it is
necessary to consider the design of equipment in each different power range
for each different frequency range. :

Information which must be extracted from the radiation, stored, and trans-
mitted to the ground station varies with the specific problem. In commun-
ication intercept work, for instance, the transmission of the complete text of all
the received signals is important, whereas in radar intercept work it is often
sufficient to summarize the characteristics of each signal in a far smaller amount
of information.

As an example of a satellite equipment for electronic intercept, consider a
receiver designed to locate Soviet S-band air-surveillance radar sets in the
interior of Soviet-dominated territory. The frequencies of these sets are assumed
to lie in a band extending from 2800 to 3200 Mc. It is desired to know the
frequency of each set to an accuracy of 40 Mc, to know its position to an
accuracy of 10 mi, and to secure a sample of its transmission so that any peculi-
arities in pulse form, pulse spacing, beam shape, or scanning pattern may be
used later to identify it and to derive information concerning its performance.

Since the typical air-surveillance radar has an antenna pattem in which most
of the energy is concentrated in a beam approximately 1 deg wide in the
horizontal plane and a few degrees wide in the vertical plane, the antenna
pattern on the vehicle which permits simultaneous observation of the largest
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number of sets is one in which the directions near the horizon are emphasized,
and no effort is made to receive radiation from the sets which lie directly
beneath the vehicle. Frequency discrimination may be provided to the desired
degree by the use of ten separate receiver channels for each direction, and the
directional information needed for position finding may be supplied, with an
increase in sensitivity of the system, by the provision of a number of separate
directional channels at each frequency. With anticipated developments in
miniaturization, it should be possible to provide ten or more channels in
direction on each frequency, so that a total of 100 or more channels would be
open at all times for the reception of the desired signals. If there are 100 of
the desired type of radar sets distributed within the area under the vehicle at
any instant, the probability of signal overlap is very low. It will probably be
possible, therefore, to record the output of each receiver channel after demodu-
lation on a time-sharing basis with several other channels.

Location of the stations will be carried out on a statistical basis after the
data have been transmitted to the ground. Since the speed of the vehicle is
approximately S mi/sec, it will be necessary to record the time of each inter-
ception to a precision of less than 0.1 sec in order to achieve the desired
accuracy. This is fairly easy, since the time is on a relative basis for each vehicle
pass and, when combined with the orbit values, should give instantaneous
vehicle position to less than 0.5 mi for each observation. If the range of the
vehicle from an intercepted station is of the order of 1000 mi, and the angular
precision of the antenna system is 10 deg, the accuracy of position determina-
tion from each pair of intercepts is of the order of 170 mi. To reduce this
accuracy to 10 mi by statistical compilation requires the use of at least 290
pairs of intercepts. If the radar makes five revolutions per minute, it is only
possible to get about fifty pairs of intercepts of each pass of the vehicle.
Obtaining the location to the required precision will .thus require either six
passes of the vehicle or a considerable reduction in range of observation through
use of a different type of vehicle antenna to cover a restricted range of obser-
vation. The location to an accuracy of approximately 25 mi can be measured
on a single pass. '

As another example, consider the interception of traffic on the Russian
decimeter radiotelephone system. The transmitters of this system operate at
powers of a few watts, having directional antenna systems for point-to-point
communications. An examination of the possibilities of securing significant
information from circuits using these equipments shows that a receiver having
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ten frequency channels, each 10 Mc wide, and ten direction channels within
each frequency channel has a good probability of securing significant informa-
tion during its passage through the antenna beams of transmitting stations.
The receiving antennas of the vehicle will generally aim just short of the
horizon in all directions around the vehicle for several minutes on each pass.
An approximate location of each trafismitter can be determined from the times
and directions of interception. The bandwidth of recording required can be
reduced below 1 Mc with the sacrifice of some frequency information by
demodulation in each channel before recording. If the experience of the first
vehicle shows that only a part of the bandwidth is occupied, the total band-
width can be narrowed in a subsequent model with improvement in the fre-
quency discrimination.

It is apparent from these examples that considerable intelligence informa-
tion can be collected by the use of a specialized satellite vehicle for electronic
reconnaissance. Equipment can be designed for 2 number of individual objec-
tives. Further study of intelligence and reconnaissance needs is required to
establish the relative priority of these objectives and to compare them with
those of television. It may be that the yield from electronic intelligence will
be equal in importance to that of the television system.

SCIENTIFIC USES FOR THE SATELLITE

In addition to gathering military intelligence, as outlined previously, the
satellite will be able to obtain scientific information of both immediate and
long-range importance.

We shall summarize here the suggested scientific uses of 2 satellite in the
fields of astronomy, terrestrial observation, and cosmic rays. A more detailed
discussion has been given elsewhere.“®

The Satellite as an Astronomical Observatory

Three types of instrumentation suggest themselves. The first type is 2 small
ultraviolet spectroscope which can transmit continuous readings of the sun’s
ultraviolet spectrum. Such data will greatly improve our understanding of the
structure of the solar atmosphere and also of its influence on the earth’s
weather and on radio communication. Spectral analyses of the sun’s rays
through atmospheric layers at various heights at dawn and at dusk will give
useful information on the composition of the earth’s upper atmosphere.
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A second type of instrumentation is one employing a 10-in.-or-larger tele-
scope. This will allow detailed observation of solar meteorology and will also
give data on the atmospheric composition of other planets, particularly Mars
and Venus. Outside the solar system, useful data can be obtained on such
important phenomena as the structure of stellar atmospheres, the color tem-
perature of hot stars, eclipsing binary stars, absolute star magnitudes and
distances, and the nature of supernovae. Such a telescope will increase very
basically our understanding of what goes on in the stars, and in the spaces
between them, and thus will add to our fundamental physical knowledge of
the behavior of matter under conditions not attainable in the laboratory.

A third type of instrumentation is that of a reflecting telescope having a
still larger aperture. Such an instrument will have great advantages over
present ground-located instruments whose “seeing™ is greatly degraded by the
atmosphere. A large space-borne instrument, while many years in the future,
will vield information on the extent of the universe, on the structure of galaxies
and globular clusters, and on conditions on other planets of our solar system.
Such a new and powerful astronomical tool may do more than supplement our
present conceptions of the universe we live in; it can conceivably uncover new
phenomena not yet imagined and perhaps modify our basic ideas of space
and time, of energy and matter. ’

The Satellite as an Upper Atmosphere Station

Knowledge of the earth’s upper atmosphere is important in predicting
weather, in establishing reliable communication, and in developing high-speed
aircraft, rockets, and guided missiles. This knowledge is at present very meager
and rests on a few direct observations made from short flights of sounding
rockets and on much indirect evidence and conflicting theory. A satellite may
obtain data, continuous in time and covering wide geographical areas, which
can significantly advance our understanding of the earth and its atmosphere.
Spectroscopic observations of various atmospheric layers, obtained at glancing
incidence, will indicate the electrical and chemical composition of the atmos-
phere. Radio reflections from the ionosphere will yield more precise informa-
tion concerning the height and composition of the F, layer, as well as its normal
diurnal motion and its abnormal motion during magnetic storms. Direct
measurements of the earth’s electric and magnetic fields, their geographical
variation, and their fluctuation in time will be of fundamental value in helping
us to understand the wind motion of the upper atmosphere and the accom-
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panying complex magneto-hydrodynamic effects. Data on the earth’s magnetic
field during solar disturbances will assist us in understanding the influx of
charged cosmic-ray particies. They will also be of potentially great practical
value in predicting the extent and duration of magnetic storms which black out
radio communication. Finally, the satellite will provide, for the first time, a
complete picture of the dynamic weather pattern over land and sea, thus
adding a fundamental tool to the science of meteorology. The direct trans-
mission of high-frequency radio to and from the satellite should be a very
valuable source of information on the effects of the atmosphere on such wave-
lengths, particularly when rays of low elevation with the ground are employed.

Meteorites can be included in the category of the upper atmosphere, and
the satellite can be employed to obtain data on their distribution, frequency,
and impingement effects. By-products of these data will be a better knowledge
of the effects of very-high-speed penetration of particles and of some of the
physical phenomena surrounding such 2 process, €.g., the determination of the
equation of state for materials.

The Satellite as a Cosmic-ray Laboratory

Cosmic rays are of fundamental importance in nuclear physics and cosmology.
Some of the high-energy particles bombarding the earth constantly are much
more energetic than any that man can produce. They provide the most powerful
probe known for investigating the properties of atomic nuclet. Research on the
origin of cosmic rays and their source of energy will lead to a better under-
standing of the magnetic fields of the sun and the galaxy and may shed light
on the age, size, structure, and evolution of the universe.

A satellite cosmic-ray station can measure the directional intensity of
primary cosmic radiation (protons, alpha particles, and some heavy nuclei).
Absorption measurements will help to determine the energy and composition
of the incoming particies and will be free from the complicating effects of
the secondary cosmic rays produced in the atmosphere. Ultimately, observations
using cloud chambers and photographic emulsions will be feasible, and these
will provide a better understanding of the energy distribution of the primaries
and the phenomena of high-energy-particle physics.
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APPENDIX

CONSTANTS -OF SUGGESTED OPTICAL TELEVISION SYSTEMS
(Altitude, 300 mi; velocity corrected for 59 deg latitude and ground speed)

Scale factor ........... ...l
Pickup tube (Image Orthicon). ...
Aspect fatio ..................
Photocathode image size.........
Scanned arecaon ground .........
Scanning angle for one ground

Angle of diagonal of unit area. ...
Total scanning angle ...........
Total scanning width ...........
Picture frame rate .............
Picture frame time .............
Scanning time per strip .........
Forward (vertical) distance
traveled perstrip ............
Frequency band ...............
Distance corresponding to one line.
Light intensity at ground scene. . . .
Total lines per frame. ...........
Active lines per frame...........
Vertical blanking ..............
Vertical blanking period.........
Scanning line frequency .........
Optical puise time .............
Puise immobilization ..... e
Necessary image scanning .......
Percentage unimmobilized .......
Optical system focal length ......
Speed (no filter) ..............

Mapping System

500,000/1
RCA-5826

4/3

0.96 X 1.28 in.
7.57 X 10.1 mi

1.76 deg
2.35 deg
62.7 deg
374. mi
23.1/sec
0.0432 sec
1.56 sec

6.82 mi
6.52 Mc
71.7 ft
10,000 ft-c
600

7%
0.00302 sec
13.87 ke
0.00155 sec
0.5 line

Reconnaissance
System

125,000/1
RCA-5826

4/3

0.96 X 1.28 in.
1.89 X 2.53 mi

0.483 deg
0.604 deg
4.4 deg
23.04 mi
26.3/sec
0.0389 sec
0.389 sec

1.7 mi
7.26 Mc
18.5 ft
10,000 ft-c
600

540

10%
0.00389 sec
15.42 ke
0.0035 sec
4.62 lines
0.855%
0.0%
152in.
£/36
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Reconnaissance
Mapping System System

Speed (with filter, K2) ......... £/17 £/25
Field diagonal ................ 2.35deg 36 in.
Horizontal response* ........... (f/24) 80%* (f/36) 67%*
Horizontal response (filter)* .. .. (f/17) 84%* (f/25) 77%*
Vertical response* ........ e (f/24) 85%% (f/36) 79%*
Vertical response (filter)* ....... (f/17) 89%3 (f/25) 84.5%%
Drum diameter . ........ ... .- (f/24) 26in.** (£/36) 16 in.1t
Drum diameter (filter) ......... © (f/17) 36.5 in.** (£/25) 23 in.?*
Rpm (drum) ........oovinnnns 38.5 154.2
Segments in strip .............. 36 10
Mirror Pairs .....cvvveerinanns 18 5

*16 TV lines/mm.

tAt 24.6 TV lines/mm.

3At 15.5 TV lines/mm.

*sR = 8.04 X aperture.

1R = 1.89 X aperture.

MAPPING SYSTEM

Scale factor: 500,000.

Altitude: 300 mi.

Aspect ratio: 4/3 (the larger dimension measured perpendicular to the direction of
motion of the satellite).

Image Orthicon photocathode image size: 0.96 X 1.28 in.

Scanned area on ground directly beneath satellite: 7.57 X 10.1 mi.

Angular velocity of satellite: 15.3 X equatorial angular velocity of earth.

Equatorial diameter of earth: 7927 mi.

Equatorial circumference of earth: 24,900 mi.

Angle between orbital plane and polar axis: 7 deg.

Overlap ratio of adjacent ground areas:

AH

O" = T = 0.1,
AV

07 = —7- = 0.1.

This amount of overlap is necessary because of the possible variation in altitude. At ap-
proximately 59° N. latitude, the ground speed of the satellite is 15.186 X the equatorial
velocity of the earth’s surface. Then the projected ground speed of the satellite is
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Ve = (24,900)(15.186)
(24) (3600)

= 4.375 mi/sec
= 23,100 ft/sec. .

The scanning angle for an area 10.1 mi wide is 1.93 deg. For AH/H = 0.1 and equal
angle viewing, each scanned area will progress out from center by increments of
1.74 deg. If we use an optical system having 18 mirror pairs (giving 36 scanned areas
across the strip),

Total scanning angle = 35(1.74) + 1.93 = 62.7 deg.
Taking into account the curvature of the earth’s surface, the
Scanned strip width = 374 mi.
If the earth’s surface is assumed to be flat across the strip, the

Scanned strip width = 365 mi,
Error = 2.4%.

Time required for the satellite to travel 0.9 of the forward dimension of the scanned
area is

_ 09X 757

T= 3375 = 1.557 sec,

or 36 scanned areas across the strip.
Frame time is

1.557

Tv=——-36 = 0.0432 sec.
Frame rate is

Fy, = 1 = 23.1 cps

= o4z T PP

The number of active scanning lines is chosen to be 558 in order to give a reasonable
approximation to “flat field scanning™:
Total lines = 600,
Vertical* blanking = 7%,
Active lines = 558,
— Vertical blanking interval = 0.00302 sec.

*The terms horizontal and vertical are used here in the same sense as in present commercial tele-
vision practice; i.c., borizomsal is the direction parallel to the scanning lines, and wertical is the direc-
tion normal to the scanning lines,
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Scanning-line frequency and duration is
fu = (600)(23.1) = 13.87 ke,
Ty = 72.1 s,
Horizontal* blanking = 15%,
Active trace time = 61.3 us.

Count-down ratios from 13.87 kc to 23.1 cps:
4,5,5,6.

Width of one scanning line represented on the ground is
1 ‘
= — = 71.7 ft.
358 (40,000)

Isolated objects of this dimension and having sufficient contrast will be detected. If there
is a configuration of objects, the results depend, to a large extent, on the configuration.
Image immobilization: To restrict the movement of the image to a distance of % the width
of a scanning line, the motion shall be no more than 35.9 ft on the ground. Then the

35.9

m = 0.001553 sec.

Time to travel this distance =

Using the icchniquc of pulsing the photocathode of the Image Orthicon, the duration of

the pulse will then be 1.55 ms. For example, assume the limiting horizontal resolution

in the television system is to be 600 lines; the fundamental frequency for this number
of lines is

10¢

fa= 4 2Ha
4 10¢
- (?)(6°°)<z X 6.13)
= 6.52 X 10®
= 6.52 mc.

Thercqu.rcd video bandwidth is then 6.52 mc.

RECONNAISSANCE SYSTEM

Scale factor: 125,000.

Altitude: 300 mi.

Aspect ratio: 4/3.

Image Orthicon photocathode image size: 0.96 X 1.28 in.
Scanned area on ground directly beneath satellite: 1.89 X 2.53 mi.
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Angular velocity of satellite: 15.3 X equatorial angular velocity of earth.
Angle between orbital plane and polar axis: 7 deg.
Owerlap ratio in horizontal direction:

AH

O,y = T

= 0.1.

Ground speed of satellite: 4.375 mi/sec = 23,100 ft/sec.

The scanning angle for an area 2.53 mi wide is 0.483 deg. For AH/H = 0.1 and equal
angle viewing, cach scanned area will progress out from center by increments of
0.435 deg. If we use an optical system having 5 mirror pairs (giving 10 scanned areas
across the strip), then the

Total scanning angle = 9(0.435) + 0.483 = 4.398 deg,
Scanned strip width = 23.04 mi.

For overlap ratio of AV/V = 0.1 in forward direction, the time required for 2 satellite
to trave] 0.9 of forward dimension of the scanned arez is

_ (0.9)(1.89)

T 1353 = 0.389 sec.
Frame time is
Iy = 3‘1—3(?—9 = 0.0389 sec.
Frame rate is
Fy = = 25.7 cps
0.0389

The number of active scanning lines is chosen to be 540 in order to give a reasonable
approximation to the “flat field scanning™:

Total lines = 600,

Vertical blanking = 10%,

Active lines = 540,

Vertical blanking interval = 0.00389.

Scanning-line frequency and duration is

fu = (600)(25.7) = 15.42 ke,
T, = 64.9 us,

Horizontal blanking = 15%,
Active trace time = 55.1 us.
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Count-down ratios from 15.42 ke to 24.7 cps:
4,5,5,6.

W idth of one scanning’ line represented on the ground is
1
W= (m)(w,oom = 18.5 ft.

During this 3.5-ms interval, the image motion is equal to 4.62 lines. For 2 540-line sys-
tem, this is 0.855 per cent of the raster height. This amount of motion may be compen-
sated for by using electromagnetic scanaing in the image section of the Image Orthicon.
For example, assume the limiting horizontal resolution in the television system to be
600 lines; the fundamental frequency for this aumber of lines is

fo= An 5

= (3)e(z57)

= 7.26 mc,
or 82.7 lines/mc. The required video bandwidth is 7.26 mc.
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